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FOREWORD

This report covers work accomplished by the Lockheed Missiles & Space Company on

the Study of Thermal Isolation Techniques (Contract JPL 950950) for the Jet Propulsion

Laboratory, Pasadena, California, under the cognizance of the JPL Project Monitor,

Robert Wengert° The study program was carried out by the Orbit Thermodynamics

Department under the administration of H. Cohan.

The material presented in the report is arranged in three major sections that corres-

pond to the three phases of the Thermal Isolation study. They are:

Phase I --

Phase II --

Phase IH --

Evaluation of Thermal Isolation Techniques

Definition of Unique Problem Areas and Methods of Solution

Parametric Study of Selected Isolation Techniques for Typical

Critical Components
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Section 1

INTRODUCTION

This report describes the results of the first phase of a program to develop thermal

isolation techniques for heat sensitive components in a space vehicle during a terminal

heat sterilization cycle. The development of successful isolation methods for operation

under a severe sterilization environment will thus allow heat sensitive components to

be included in the spacecraft's main structure during the thermal exposure. The major

objective of this program was to investigate a wide range of candidate thermal isolation

methods and their application to the protection of heat sensitive (pre-sterilized) compo-

nents exposed to a prototype sterilization environment.

During Phase I of this study data was compiled on the proposed sterilization environment,

typical spacecraft components, sterilization procedures and requirements; in addition a

feasibility study was made of various isolation methods. The proposed sterilization

environment for dry heat sterilization was specified in Ref. 1-1 and has been used as

the basis for feasibility determination, as outlined in the next section. Spacecraft com-

ponents which cannot withstand prolonged exposure to this sterilization environment were

taken to be those typical of components used in a Mars Lander for a Mars-Voyager or

Advanced Mariner system. Preliminary designs of Mars Lander modules are discussed

in Refs. 1-2 and 1-3.

Previous studies of sterilization problems have been primarily devoted to specifying

sterilization procedures which are effective in reducing the number of viable organisms

remaining on the spacecraft below a certain level, or to handling and assembly techniques

which do not allow contamination of sterilized components (see, for example, Ref. 1-4).

The results of these studies have shown that dry-heat sterilization of the assembled,

shrouded spacecraft is the most effective method of terminal sterilization. Procedures

required for dry-heat sterilization are discussed in Ref. 1-5 _ and the design require-

ments of the sterilization canister or shroud are reviewed in Ref. 1-6. A detailed

1-1
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study of the effects of the sterilization environment on the structural and thermal de-

sign of spacecraft is reported in Ref. 1-7, where a spacecraft configuration typical

of proposed Mars Landers is analyzed. To date, however, no work appears to have

been reported on the protection of pre-sterilized components during dry-heat terminal

sterilization.

The results of the Feasibility Study presented in the Phase I Technical Summary Report

provide the necessary background for a study of the design problems inherent in the

application of thermal isolation devices to a typical Voyager Lander configuration. The

primary objective of Phase II studies was the definition and categorization of these de-

sign problems, methods of approach to the solution of these problems, and the establish-

ment of a work plan for the detailed studies that were performed during Phase III. Due

to the lack of definition of a specific Lander design and the small amount of information

available on sterilization facility designs, it became apparent that the most valuable

output of the Thermal Isolation Study would be detailed information on the implementation

of isolation systems and their associated weight and volume penalties, which could be

applied to the preliminary design of Voyager systems. Requirements for thermal iso-

lation can also be used as inputs in the design of a sterilization facility. Thus, the

Phase III effort was planned to provide a limited parametric study of weight, volume,

power requirements, and recommendations for packaging of thermal isolation devices.

Because of the interaction of the isolation system with the spacecraft and sterilization

facility systems, specific problems associated with the integration of these systems

were investigated.

REFERENCES

1-1 JPL Specification No. XSO-30275-TST-A, Environmental Test Specification,

Compatibility Test for Planetary Dry Heat Sterilization Requirements, dated

24 May 1963

1-2 Wooten, R. W., and Merz, E. J., "Mars-Voyager Systems," Preprints of

Papers Presented at the AIAA Unmanned Spacecraft Meeting, Los Angeles,

California, 1-4 March 1965
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1-3 "Conceptual Design Studies of an Advanced Mariner Spacecraft," AVCO

Corporation Report RAD-TR-64-36, AVCO Corp., Wilmington, Mass.,

28 October 1964

1-4 Lockheed Missiles & Space Company, "Experimental Study of Sterile Assembly

Techniques," Final Report Under Contract No. JPL-950993, LMSC M-56-65-1,

21 March 1965

1-5 Fried, E., and Kepple, R. J., "Spacecraft Sterilization- Thermal Considera-

tions," AIAA Paper No. 65-427, July 1965

1-6 Tenney, J. B., and Crawford, R. G., "Design Requirements for the Steriliza-

tion Containers of Planetary Landers," AIAA Paper No. 65-387, July 1965

1-7 Tenney, J. B., and Fried, E., "Thermal Sterilization of Spacecraft Structures,"

Preprints of PaPers Presented at the AIAA Unmanned Spacecraft Meeting,

Los Angeles, California, 1-4 March 1965
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Section 2

SUMMARY OF RESULTS AND RECOMMENDATIONS

LMSC has conducted a three-part study of Thermal Isolation Techniques. The overall

objective of the study was to establish thermal isolation techniques that are feasible

for protecting temperature sensitive materials and components in typical spacecraft

instruments, equipment, systems and structures during a terminal heat sterilization

cycle. Thermal isolation of some items may be necessary so that the entire assembled

spacecraft can be subjected to the thermal exposure.

The results of the study should be of interest to both the engineering and biological

communities since both are vitally concerned with meeting the recommendations of

the Space Probe Sterilization Standards Study Group of COSPAR.

2.1 GENERAL CONCLUSIONS

1. Thermal isolation of temperature sensitive components during dry heat

terminal sterilization is feasible from a thermodynamic viewpoint

2. Thermal isolation can best be accomplished, from a thermodynamic view-

point, by circulating a liquid coolant through or around the component to

be isolated. This method provides minimum total system weight and

volume penalties.

3. The effects of efficacious thermal isolation systems on post-launch tempera-

ture control can be made negligible by proper thermal and mechanical

design.

4. The isolation system interfaces between the landed payload, the lander

module, and the sterilization facility require careful thermal and mechani-

cal design to prevent biological contamination of the components to be

isolated and to assure complete sterilization of adjacent non-isolated por-

tions of the lander module.

2-1
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2.2 RECOMMENDATIONS

It is recommended that future work be concentrated in the following three categories:

1. Preliminary design and evaluation of isolation techniques and mechanical

devices for specific components or equipment packages that are to be

included in planetary landers.

2. Preliminary design and evaluation of an integrated isolation system for a

Lander module configuration under active consideration. The design would

include all components and mobile units requiring thermal protection during

terminal sterilization.

3. Preliminary design and evaluation of isolation system interface hardware

such as coolant and/or electrical lines that originate in the sterilization

facility and penetrate the lander module. Remotely actuated disconnect

devices incorporating positive biological seals are included in this category.

Ancillary equipment such as fluid conditioning units, vacuum pumps for

evacuating the isolation system, and fluid charging equipment should be

made a part of this category.

2-2
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Section 3

PHASE I -- EVALUATION OF THERMAL ISOLATION TECHNIQUE

The initial task undertaken during Phase I of the study was to characteristize the types

of components for which thermal isolation would be required, and to delineate boundary

conditions on sterilization environment and candidate isolation methods. As a result of

meetings and communications with JPL, the following components were selected as rep-

resenting the range of components requiring isolation:

• Type 1C Battery

• Tape Recorder

• Floating Rate Gyro

• Vidicon Tube

• Photomultiplier Tube

• Life Detection Experiment

The temperature limits and properties assumed for these components are summarized

in Section 3.8. The materials used in the isolation technique must satisfy the following

condition s:

• Materials shall be non-toxic and should not corrode or otherwise react with the

spacecraft components or structure.

• Materials used in the isolation method must themselves be sterilizable.

A dry-heat terminal sterilization environment was taken to be that specified in

Ref. 3-26, namely, exposure to a sterilization gas at 293°F for 36 hours. The

sterilization gas was assumed to be dry nitrogen. Because of requirements for a

shield or shroud surrounding the spacecraft, in addition to the fact that the outer shell

of the lander module surrounds the lander components, it was assumed that natural, or

free, convection of the sterilization gas was the primary mode of heat transfer to

lander components.

3-1
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The following candidate isolation methods were selected for investigation:

• Passive Thermal Isolation

• Fluid Circulation Cooling

• Phase Change Cooling

• Thermoelectric Cooling

The next step in the determination of feasibility of the candidate isolation methods was

to establish the criteria by which feasibility of each method was to be evaluated. A

numerical rating system was generated to provide a quantitative means of comparing

isolation methods and rating their feasibility.

Each candidate isolation method was then examined to determine whether it could

adequately protect components subjected to the proposed thermal environment. If the

isolation method was shown to be adequate, the measures of feasibility criteria were

then evaluated for each of the typical lander components. The results of this procedure

and the numerical ratings of feasible isolation methods are summarized in the following

sections.

3.1 EVALUATION OF CRITERIA FOR FEASIBILITY OF THERMAL ISOLATION
METHODS

The criteria which were used to establish feasibility of candidate thermal isolation

methods are as follows:

• Weight and Effectiveness

• Effect on Post-Launch Thermal Control

• Reliability

• Volume

• Aerospace Ground Equipment Required

These criteria must be evaluated for each type of component and for each isolation

method. Numerical values are first established for each method as it is evaluated

3-2
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with respect to a given type of component to be protected. These raw values are then

adjusted by using appropriate weighting factors; the results are added together to pro-

vide a rating score ranging from zero to ten. Data pertinent to the use of this rating

system are presented below.

3.1.1 Weight and Effectiveness

The coupling of weight and effectiveness criteria for each isolation method is one of

the most significant measures of performance for each candidate method. However,

the possibility of a favorable combination of methods having high effectiveness in con-

junction with high weight should not be overlooked. Effectiveness as used here refers

to operation of the isolation method solely during sterilization operations.

For any candidate thermal isolation scheme to be effective, it must be able to reject,

insulate, or transport away heat fluxes, which would normally reach the body to be

protected from the surrounding high temperature environment. A measure of effective-

ness may thus be defined as a modified ratio of the heat flux input to an unprotected

component to the heat flux input to a protected component; letting Qp be the heat flux

to the protected component, and QUNP be the heat flux to the unprotected component,

we define an effectiveness, _/E ' such that

1 - (Qp/QqjNp)

- i + (QIJQUNp (3.i)

Similarly, a measure of the weight penalty imposed by each type of isolation method

may be defined as the ratio of the weight of the unprotected to the protected component:

(3.2)

3-3
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obviously high values of both _?E and _W are desirable. The value of Wp

refers, of course, to the flight weight of the protected component.

3.1.2 Effect on Post-Launch Thermal Control

in Eq. (3.2)

The effect of a particular isolation method on post-launch thermal control, and systems

operation in general, must be minimized or eliminated. If a given isolation method is

expected to have such effects, a complete evaluation of their importance requires a

thermal analysis of the integrated vehicle and lander modules during the Earth orbit,

transfer, and Mars orbit phases of the mission. For a preliminary evaluation, there-

fore, a qualitative scale of performance can be used with each isolation method ranked

in order of desirability. A measure of "non-interference", _NI is defined as follows:

Non -Interference

Parameter_ tin I

1.0

0.90

0.70

0.50

0.0

Effect of Isolation Method on Thermal

Control and/or System Performance

Beneficial Effect

No Effect

Possible Performance Degradation

Allowable Performance Degradation

Prohibitive Effect

3.1.3 Reliability

Again, the reliability of a particular isolation scheme must be evaluated in conjunction

with the components to which it is applied, the complexity of the isolation scheme, etc.

As above, we establish a qualitative measure of reliability as follows:

Reliability

Parameter _R

1.0

0.90

0.50

0.0

Anticipated
Reliability

Fail -Safe

Inherently Reliable

Ordinarily Reliable

Notoriously Unreliable
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A measure of the volume penalty imposed by a given isolation method is defined as

follows:

VUNP
_V =

Vp
(3.3)

where VUN P refers to the original total volume of the component and Vp refers to

the flight volume of the protected component. Again, high values of _V are desirable.

3.1.5 Aerospace Ground Equipment Requirements

For this evaluation, a simple estimate of AGE requirements is made in terms of

whether there is no AGE, a small amount, or a considerable amount is required.

3.1.6

_AGE

1.0

0.5

0.0

Other Considerations

Amount of AGE Required

None Required

Some Required

Large Amount Required

A cursory review of the total problem is sufficient to reveal other factors that will in-

fluence the selection of a thermal isolation method. For example, the proposed measure

for volume does not take into account any limitations on space availability in the lander

capsule design. It appeared to be highly presumptuous, however, to impose such re-

strictions in this study since they would have been, of necessity, quite arbitrary in

nature. Furthermore, since only feasibility was evaluated in this phase of the study

care was taken not to preclude any possible solutions to the problem.

3-5

LOCKHEED MISSILES & SPACE COMPANY



M-92-66-1

3.2 WEIGHTING OF MEASUREMENTS OF FEASIBILITY CRITERIA

In any preliminary investigation of feasibility, the importance given to each of the

above criteria must be somewhat arbitrary and subjective. However, in order to

systematize the determination of feasibility, weighting factors were assigned to each

feasibility criterion. The table below summarizes the parameters which were estab-

lished as measures of feasibility criteria. Included are the weighting factors and

summaries of "ideal", or perfect, scores which a given isolation method could have

when applied to a particular component.

Ideal Worst Weighting Maximum
Criterion Measure Value _ _

Effectiveness _?E 1.0 0.0 2.5

Weight _N 1.0 0.0 2.0

Reliability _R 1.0 0.0 2.0

Non-Interference _NI 1.0 0.0 1.7

Volume _V 1.0 0.0 1.5

AGE Required _?AGE 1.0 0.0 0.3 0.3

Weighted ,,Perfect Score" 10.0

2.5

2.0

2.0

1.7

1.5

3.3 EVALUATION OF HEAT FLUX INPUTS FOR UNPROTECTED GENERAL

COMPONENTS

For a general type of component, when not protected by some thermal isolation method

the heat flux input will be given by

T i - T.
= ] + (Qj)INT

(Qj)UNP Rij

i#j

(3.4)
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where (Qi)INT is the internally generated heat flux of the jth component, and Rii

represents the total thermal resistance due to combined radiative, convective and

conductive inputs from the (n - 1) sources of heat transfer to the jth component.

For a detailed effectiveness evaluation it is necessary to account for these separate

modes of heat transfer; however, in order to establish feasibility, it was assumed

that the unprotected component is completely isolated from conductive and radiative

heat inputs, and that it has zero internal heat dissipation. In addition, it was assumed

that each component can be approximated by a general shape exposed to natural con-

vection heat inputs from nitrogen gas at 293 ° F. This simplifies the evaluation of 77E

and allows a unified presentation of heat inputs to unprotected components. As shown

in Ref. 3-1

1
R -- (3.5)

 AcoNv

and Eq. (3.4) reduces to

(Qj)UNP = hAcoNv (293 - Tj ) (3.6)

The heat transfer coefficient, h, has been evaluated for several general shapes, as

shown in Appendix A. As a result of this evaluation, the following general method was

obtained for the correlation of natural convection heat transfer. Representing the heat

transfer coefficient, h, as

= Kf Nu
L* (3.7)

and the product of Grashof and Prandtl numbers as

(Gr Pr)UNP = 0.71AL .3 (293 - T) (3.8)
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the Nusselt number is determined from the calculated value of ( Gr l>r )UNP and the

correlations shown in Figs. 3-1 and 3-2 according to the following table:

Geometry

Cube, Side L

Sphere, Diameter D

Long Horizontal Cylin-
der, Diameter D

Short Horizontal or

Vertical Cylinders,
Length L, Diameter D

Long Vertical Cylin-
ders, Height H

Characteristic Length, L* Correlation

L/2 Fig. 3.2

D/2 Fig. 3.2

D Fig. 3.2

L/1 + (L/D) Fig. 3.2

H Nu = 0.555 (Gr pr)l/4

Using this method, the values of heat flux per unit area have been plotted as a function

of body surface temperature in Fig. 3-3. Using these results, initial evaluations of

effectiveness may be made for general shapes for each candidate thermal isolation

scheme. In addition, the values of heat flux inputs shown in Fig. 3-3 determine the

amount of heat which must be absorbed by the protective mechanism for a given outer

surface temperature of the protected assembly. For example, if a fluid circulation

scheme is proposed to protect a cubical component whose sides are 0.2 feet in length,

and the outer surface temperature of the cooling jacket is 150 ° F, then the circulating

fluid must be capable of absorbing at least 222 BTU/Hr-Ft 2 in order that the protected

component be maintained at a constant temperature. Of course, the inner surface

temperature of the cooling jacket must also be below the maximum allowable component

temperature.

In the following sections, approximate measures of feasibility criteria are developed

for specific isolation methods in the following general classes:

• Passive Thermal Isolation

• Fluid Circulation Cooling

• Phase Change Cooling

• Thermoelectric Cooling

3-8

LOCKHEED MISSILES & SPACE cOMPANY



Themal Conductivity of Nitrogen, Kf (BTU/Hr-Ft °F)

(i zIog _:I)P9_OI x ZN(r_/d_d) = ZNv
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In all cases, it is assumed that the component to be protected is not dissipating heat

internally. Also, the effects of heat inputs through auxiliary connections, wiring,

etc., required by the isolation method are neglected.

3.4 PASSIVE THERMAL ISOLATION

Passive thermal isolation schemes include the use of insulation surrounding the com-

ponent to be protected, as well as the combination of component precooling or mechanical

disconnects in conjunction with insulation. For any of these isolation schemes, the

minimum requirement for feasibility is that the protected component remain below its

maximum allowable temperature, TMA X . This requirement may be interpreted as a

lower bound on the thermal resistance of the insulation. To obtain this minimum re-

quired resistance, the component is idealized as a lumped thermal capacitance, C ,

connected to its environment through a thermal resistance RMI N , as sketched below.

I

I

I

I

r

TST 293 ° F

For insulation schemes using solid insulation materials, the resistance, RMI N , is

the conductive thermal resistance;

(RMIN)s : \Ks ACOND/MIN (3.9)
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For liquid insulation materials, it is the combination of the conductive and convective

thermal resistances in parallel:

(RMI N )
L i 1

KL ACOND 1 + [*L_C-_ND ACONV MIN

(3.10)

and for gaseous insulation materials, it is the combination of conductive, convective

and radiative resistances in parallel:

(RMIN)G
K G ACOND

LCOND
+ [_G ACONV +

¢;ARA D ._'(T C - T4T)

-Tc - TST

(3.11)

In Eq. (3.11),it is assumed that the insulating gas is contained around the component by

a metallic shield which is at the temperature of the sterilization fluid, TST. This

assumption is desirable since, in preliminary studies reported in Ref. 3-1, it was

shown that the isolation effectiveness of gaseous insulators contained by insulating

shields is less than those contained by highly conductive, thin shields.

As shown in Ref. 3-1, if TST is constant, the minimum required resistance may be

calculated from

TMA X - TST -eSTtR C
= e

T O - TST
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i
or

MIN TST - T° I
C In TS T _ .TMAx

where OST is the maximum duration of the sterilization period. Equation (3.12) may I

be rewritten to yield another parameter which provides a direct physical interpretation

of the isolation scheme: I

• 0ST !0MI N = (RC)MIN = (3.13)

I

where 0* = RC is the time constant of the system; i. e., the time in which the corn- I

ponent temperature rise has reached 63 percent of the difference between its initial

temperature, T o , and the sterilization temperature, TS . Thus

T-T i

_-_ - 0.632 when 0 = O* (3.14)
S o

It should be noted that in the idealized model described above, no allowance has been I

made for the thermal capacitance of the insulation. This is a conservative factor in

that the thermal capacity of the insulation would cause an added time lag in heat flux

input to the component.

The dimensionless ratio (O*MIN/OST) has been evaluated as a function of the dim-

ensionless ratios (TMAx/TsT) and (To/TST) from Eq. (3.13) and the results plotted

in Fig. 3-4. These curves establish the minimum allowable time constant and, for a

given component, the minimum thermal resistance of insulation required to maintain

3-14

LOCKHEED MISSILES & SPACE cOMPANY



7

5
r_

qb

v

4

o
_9

3

M-92-66-1

0

0.4 0.5

Dimensionless Maximum Component Temperature (TMAx/TsT)

Fig. 3-4 Minimum Allowable Time Constant of Insulated Components as a Function

of Initial and Maximum Component Temperatures

3-15

LOCKHEED MISSILES & SPACE COMPANY



M-92-66-1

the component below a temperature TMA X , with a sterilization environment temper-

ature TST and an initial component temperature T o .

In order to determine the range of thermal resistances required for feasible insulation

schemes, we consider some typical components which would require protection during

sterilization. These components and their estimated weights, average specific heats,

and upper temperature limits are listed in Table 3-1. Also indicated are the values

of RMI N required as computed using the following assumptions:

TST = 293°F = 753°R

T = 67°F = 527°R
O

0ST = 36 hours

These results show that, for components with low thermal capacitances, the high

insulation resistances required prohibit the use of this method of isolation.

The dramatic effect of pre-cooling the same components (with TST and 0ST as

before) is shown in Table 3-2 where it has now been assumed that T = -8 ° F. Ino

most cases, the required insulation resistances have been reduced by about a factor

of two. Indeed, for the component with the largest thermal capacity (the type IC

battery), the required conductive resistance may be obtained with a gaseous insulation

material such as air. This was discussed earlier in Ref. 3-1. The minimum required

insulation resistance has been plotted as function of thermal capacity in Fig. 3-5,

where it has been assumed that

TST

TMAX

T
O

0ST

= 293°F

= 142OF

= -8°Fand +67°F

= 36 hours
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Table 3-1

TYPICAL INSULATION RESISTANCES REQUIRED FOR
PASSIVE ISOLATION

M-92-66-1

Component

Type IC Battery

Tape Recorder

Gyro Package

Vidicon Tube

(Including coils)

Photomultiplier
Tube

Weight C TMA X 0*MI N RMI N RMI N
(BTu/PLD ° F) _ (hr) (BTU/Lb ° F) (° F/watt)

118.0 0. 186 140 93.6 4.26 14.55

17.0 0.20 158 70.1 20.6 70.3

_10.0 0.20 140 93.6 46.8 159.6

0.6 0.20 212 35.9 299.0 1,020.0

0.375 0.20 100 266.3 3,020.0 10,300.0

NOTE: Initial temperature = T O = 67vF: sterilization temperature = TST = 293°F:

duration of exposure to sterilization environment = 0ST = 36 hours.

Table 3-2

INSULATION RESISTANCES REQUIRED FOR PASSIVE

ISOLATION WITH PRE-COOLING

0*MI N RMIN RMIN

Component _ (Hr ° F/BTU) (° F/watt)

Type IC Battery 52.9 2.41 8.22

Tape Recorder 44.3 13.03 44.4

Gyro Package 52.9 26.4 90.0

Vidicon Tube 27.0 225.0 768.0

Photomultiplier 8 i. 8 I, 090.0 3,720.0
Tube

(RMIN)T = - 8°F
O

(RMIN)T = 67° F
O

0.565

0.632

0.564

0.753

0.362

NOTE : Initial temperature = T O = -8°F: TST = 293°F: 0ST = 36 hours.
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Fig. 3-5 Minimum Insulation Resistance Required for Typical Sterilization
Environment
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The minimum resistance values shown in Fig. 3-5 can be used to determine the

adequacy of typical solid, liquid, and gaseous insulation materials.

3.4.1 Solid Insulation Materials

The thermal resistance of a solid material is given by

LCOND

R S = Ks AcoN D
(3.15)

where A is the average area for conductive heat transfer. For reasonable insulation

thicknesses we may approximate this area by the external surface area of the com-

i-SULIIC:::.ILL, .IkJ. U,l_. b'._s.uE.._uuvs.A_ _ 1, _ I T :4c ",.. /'1 0 ¢a_- avQ'mnlai '1"_h1_...... ._t-_ _hnw.q the.

thermal conductivity of some typical insulation materials at room temperature.

Assuming that a material having a thermal conductivity of 0.01 BTU/Hr-Ft ° F is

available, the minimum required insulation thickness may be calculated for several

typical components. This has been done using Eq. (3.15) and Fig. 3-5, assuming

that T =-8°F.
O

The results are tabulated below.

ACOND C (RMIN)To = - S°F LMIN

Component (ft 2) (BTU/° F) (Hr ° F/BTU) (in)

Battery 6.0 21.95 2.35 1.69

Tape Recorder 3.3 3.4 15.2 6.03

Gyro Package 1.0 2.0 26.0 3.12

Vidicon Tube 0.15 0.12 225.0 4.05

Photomultiplier 0.25 0.075 1090.0 32.75
Tube

From these results it may be seen that reasonable insulation thicknesses are obtain-

able only for components having high thermal capacitances and small surface areas.

Indeed, for any isolation scheme using an insulation material through which conduction

is the primary mode of heat transfer, the minimum insulation thickness is given by
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Table 3-3

THERMAL CONDUCTIVITY OF TYPICAL SOLID INSULATING
MATERIALS AND POTTING COMPOUNDS

M-92-66-I

Material

Alkyd-Isocyanate Foam
Alumina (48.7% porosity)
Asbestos

Butadiene-Styrene Foam
Butyl Rubber
Min-K
Natural Rubber
Natural Rubber Foam

Polyester Urethane Foam
Polystyrene Epoxy Foam, Rigid
Quartz Felt

Silicone Foams, Rigid
Silicone Foam, R-7002
Silicone Rubber

Urethane, Foamed-in-Place, Rigid

Thermal Conductivity
(BTU/Hr- let - o F)

0.03

8.7

0.092

0.018

0.05

0.011 - 0.015
0.08

0.025

0. 023
0.02
0.02
0. 025
0. 018
0.12

0.01 -0.03

Reference

3-5
3-3
3-4
3-2
3-2
3-6
3-2
3-2

3-7 & 3-8
3-2

3-9 & 3-10
3-2
3-11
3-2
3-2

Table 3-4

THERMAL CONDUCTIVITY OF LIQUID INSULATION
MATERIALS AT 70°F

Material

Water
Commercial Aniline
Ammonia

Freon 12, CC12F 2
n-Butyl Alcohol
Benzene

Glycerin
Petroleum Oils
Acetic Acid
Acetone
Alcohol
Nitromethane

Thermal Conductivity

(BTU/Hr- Ft- °F)

O. 347
O. 100

O. 293
O. 041
O. 097
O. 086
O. 165

O. 07 - O. 08
O. 099
O. 102

O. O91 - O. O97
O. 096

Reference

3 -12
3 -12
3-12
3-12
3-12
3-14
3-12
3-14
3-14
3-14
3-14
3 -14
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I 0ST 1
- TMAx/TsT/J

(3.16)

Equation (3.16) is plotted in Figs. 3-6 and 3-7, with thermal conductivity as a param-

eter, where it has been assumed that

0ST

TST

TMAX

T
O

= 36 hours

= 293OF

= 142°F

= -R°_ ' _n,_ _-_7°1_

The approximate range of thermal conductivities for solid, liquid and gaseous insula-

tion materials has been indicated; these ranges have been obtained from the data in

Tables 3-3, 3-4, and 3-5. If an arbitrary limit of 2 inches is set on the insulation

thickness, the maximum value of the component surface area-to-thermal capacity

ratio may be found from Figs. 3-6 and 3-7, for solid, liquid, and gaseous insulation

materials. The A/C values, shown in Table 3-6, indicate the type of components for

which passive insulation provides adequate protection during terminal sterilization,

with and without pre-cooling. These results, of course, are strictly applicable only

to solid insulation materials, since the effects of convective and radiative transfer

are neglected in Eq. (3.16). This implies that even smaller values of A/C are

required for adequate liquid and gaseous insulation protection, as noted in Table 3-6.

Estimated A/C values for some typical components are as follows:

Component Approximate A/C

Battery 0.27

Tape Recorder 0.97

Gyro Package 0.50

Vidicon Tube 1.25

Photomultiplier Tube 3.33
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Fig. 3-6 Minimum Insulation Thickness Required for Passive Isolation as a
Function of Component Properties and Insulation Thermal
C onduetivity
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Fig. 3-7 Minimum Insulation Thickness Required for Passive Isolation
as a Function of Component Properties and Insulation Thermal
Conductivity
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Table 3-5

THERMAL CONDUCTIVITY OF GASEOUS INSULATION MATERIALS

AT 100°F AND ATMOSPHERIC PRESSURE

Thermal Conductivity

Material (BTU/Hr- Ft °F) Reference

Air 0. 0154 3-12

Oxygen 0.0159 3-12

Carbon Monoxide 0.0149 3-12

Carbon Dioxide 0.0100 3-12

Argon 0. 0941 3-13

Methane 0.0157 3-13

Nitrous Oxide 0. 00847 3-13

Nitrogen 0.0154 3-12

Sulfur Dioxide 0. 0055 3-14

Neon (32°F) 0.00256 3-14

Carbon Disulfide 0.0046 3-14

Table 3-6

MAXIMUM COMPONENT SURFACE AREA-TO-THERMAL CAPACITY
RATIOS ALLOWABLE FOR ADEQUATE INSULATION PROTECTION

Type of
Insulation (3)

Solid

Liquid

Gas

Maximum Allowable A/C (2)

Component Pre-cooled

(T O = - 8 ° F)

0.16

0.08

1.07

No Pre-cooling

(TO = 67 °F)

0.096

0. 048

0.64

NOTE S: (1) Insulation thickness assumed to be 2.0 inches.
(2) Units of A/C are ft 2 ° F/BTU. (3) Results for liquid

and gases should be lower since effects of convection and
radiation are neglected. (4) Components exposed to sterilization
environment at 293°F for 36 hours. (5) Upper limit on com-
ponent temperature assumed to be 142 ° F.
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Thus, using the criteria shown in Table 3-6, neither solid or liquid insulation materials

provide adequate protection for these types of components.

3.4.2 Liquid Insulation Materials

Further investigation of liquid insulation materials was not pursued in view of the con-

clusions of Section 3.4.1.

3.4.3 Gaseous Insulation Materials

By combining Eqs. (3.11)and(3.12), the minimum gas layer thickness for adequate thermal

isolation is obtained:

K G ACOND

In TST - To
0ST ST - T - ACONV aARAD (TsT

where "T is the average component temperature for radiative transfer (fourth-root

mean temperature). For small (< 200" F) differences in temperature between the gas

and the component, the emissivity and absorptivity of the gas is approximately equal,

so that the effects of emitted and absorbed radiation by the gas balance out. In any

case, the most conservative estimate of insulation thickness required is obtained ff

it is assumed that the gas is transparent to thermal radiation. The gas containment

shield may be designed to have a low emittance on its inner surface, say _shield = 0.1;

if the emittance of the component surface is ¢C = 0.8, then

0.1714 x 0.08 [(7"53)4-(4"52)4]
(293 + 8)

= 0. 1264 BTU/Hr-Ft 2° F
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where it has been assumed that the component is at its initial temperature T O = -8°F.

Assuming that the insulation gas is nitrogen, and using the procedure outlined in

Section 3.3, with a characteristic length L* = 1 ft, then

-hG = 0.0438 BTU/Hr-Ft 2° F

and with (A/C) = 0.5, 0ST =

then

36hr, TST = 293 °F, T = -8 °F and TMA x = 142"F,o

T°x)(C/A) In / TST = 0. 0385 BTU/Hr-Ft 2° F

0ST \TsT - TMA

The radiative, conductive, and convective components in the denominator of Eq. (3.17)

all appear to be significant in the determination of LMI N . In fact, from the above cal-

culations, it appeared that radiative transfer alone would make the use of gaseous

insulation (with a transparent gas) completely ineffective. This possibility was checked

by calculating the component temperature at which

a_(T4T - T4) 0. 0385 BTU/Hr-Ft2° F (3.18)
hRA D = (TsT - TC) =

Using Cshield --- 0.1, EC = 0.8 and TST = 293,F, as before, the solution to

Eq. (3.18)was found to be

T C = 292.67 ° F

Thus the radiative transfer coefficient, h R , is so large that radiation transfer alone

would completely overcome the conductive insulation provided by the gas, without

considering the deleterious effects of natural convection transfer.

Gaseous Insulation with Multiple Radiation Shields. It has been suggested that the use

of multiple shields to contain the insulating gas could effectively reduce the radiative

3-26

LOCKHEED MISSILES & SPACE COMPANY



M-92-66-1

heat transferred to the component to a negligible quantity. Test data obtained at LMSC

and elsewhere indicate that the effective thermal conductivity of multilayer insulation

at atmospheric pressure is about

KE = 5 x 10 -2 BTU/Hr-Ft2°F

so that the minimum required thickness of multilayer insulation would be

KC 5 × 10 -2
= = = 1.3ft

LMIN (C/A) ln(TTST-T°/0ST ST- TMAX 3"85 × 10-2

Therefore, the thickness of multilayer insulation required would be prohibitively large.

3.4.4 Feasibility of Passive Thermal Isolation

On the basis of the considerations in Sections 3.4.1 through 3.4.3, it was concluded

that the use of passive isolation schemes does not provide adequate protection from

the proposed sterilization environment. In addition to these considerations, passive

isolation systems would also have a large effect on post-launch thermal operation.

If it were possible to adequately isolate a component during sterilization by means of

insulation techniques, a means of "re-connecting" the component to its supporting

structure would need to be provided to allow internally generated heat to escape from

the component during post-launch operation. Therefore, the use of insulation techni-

ques does not appear to be feasible for passive thermal isolation under the given bound-

ary conditions.

3.5 FLUID CIRCULATION COOLING

A fluid circulation cooling system is an obvious candidate for the protection of previously

sterilized components during over-all vehicle sterilization. Such a scheme utilizes

either a hermetically sealed shield or a double walled heat exchanger surrounding the

component to be protected, the cooling fluid being circulated either around the
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component enclosed in the single shield or through the heat exchanger. The cooling

fluid may be supplied from a single line through a manifold in the sterilization chamber

wall to the separate components to be cooled. The use of individual temperature

sensors in conjunction with flow rate controls for each component would provide for

efficient utilization of the cooling fluid. By use of a proportional control system, the

coolant flow would be controlled on a demand basis for individual components. Alter-

natively, the coolant fluid may be supplied from a source within the sterilization cham-

ber by the use of expendable fluid or cryogenic fluid boiloff systems.

For the purpose of feasibility determination, the following classification of fluid cir-

culation systems has been used:

• Forced Fluid Circulation Systems

• Cryogenic Fluid Boiloff Systems

In these systems, it has been assumed that no change of phase of the coolant fluid

occurs within the enclosure or heat exchanger surrounding the component.

It was anticipated that fluid circulation systems, in general, would prove to be com-

patible with active cooling systems designed for orbital temperature control of packages

in either the Mars lander modules, the orbiter, or both. The latter possibility cannot

presently be evaluated, but may ultimately be the basis for selection of a thermal

isolation system where several candidate systems appear to be equally effective.

3.5.1 Forced Fluid Circulation Systems

As described above, a forced circulation system provides for fluid circulation through

a single-walled chamber enclosing the component, or through a double-wailed heat ex-

changer surrounding the component to be protected. Use of a single-walled jacket

affords some advantages in that the coolant fluid flows directly over the component

surfaces, providing for more efficient heat transfer between the circulating fluid and

the component than with the use of the double-walled heat exchanger. Some possible
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disadvantages of the former system are that the cooling fluid must not contaminate,

corrode, or react with the component materials. Thus, depending on the coolant

fluid selected, and the component material characteristics, either one or both types

of cooling jackets may be used.

Since, for sufficiently high coolant flow rates and a reasonable selection of coolants,

the heat input to the protected component may be reduced to zero, we assume _E = 1. 0

for forced circulation systems in which the component is completely enclosed by the

cooling jacket. In the following discussion it has been assumed that the cooling jacket

material (whether single- or double-walled) is highly conductive. This assumption,

in addition to simplifying the analysis, implies a minimal effect of the cooling jacket

on post-launch thermal operation. In the following analysis, it was assumed that the

heat input to the shield enclosin_ the nrnt_t_d _mp .... ÷ _ equal to that fo;- au un-

protected component having the dimensions of the outer shield.

Coolant Flow Rate Requirements. Assuming only sensible heat absorption by the

coolant as it passes through the shield (no change of phase)

QS = QF = Wf Cpf (TfouT - Tfi N) (3.19)

where we must have

TfOUT - TMA X (3.20)

so that the required coolant flow rate is

Wf = Cpf (T QM_S - TfIN) (3.21)
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where QS is a function of the shield surface area, geometry and average surface

temperature,

QS = (QuNP) s = _(As' L_, Ws) (3.22)

The solution to Eq. (3.22)isgiven by the plot shown in Fig. 3-3. The shield surface

temperature is obtained from Eq. (3.23).

(293 - TS)1"25 •

QS -- Qf = 0.25A S_ , 0.01 <- L S -_ 1.0 (3.23)
(Ls) '

This equation is an approximation to the curves for unprotected components shown in

Fig. 3-3, and yields an average shield temperature which corresponds to an average

convective heat transfer coefficient between the hot gas and the shield.

t
For convective heat transfer between the shield and the fluid (or the component and the |

fluid) we use the correlation for laminar flow

Wf (Cpf)

hsf = O. 667 . _1/2 .,..2D/3 (3.24) II

A a Kef _-_rf I

so that I

Qsf = QS = Qf = hsfA SATM = hsfAs (Ts-Wb) (3.25) I

where the subscript b refers to properties evaluated at the fluid bulk temperature

TMA X + Tfi N

T_ = 2
(3.26)
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and the subscript f refers to properties evaluated at the average film temperature of

the fluid Tf defined as

TS + Tb
Tf - 2 (3.27)

For simplicity, rather than using a log-mean temperature difference in Eq. 3.25, we

will use the approximation

ATM = TS - Tb (3.28)

Now, for fixed values of TMA X and TfI N , Eq. (3.21)implies that the lowest coolant

flnw rnt_._ will ha ro, auired for fluids havinu high specific heats. Conversely, Eq.(3.24)

implies that high specific heat fluids will produce high values of hsf, which in turn im-

plies large values of Qsf and hsf. Thus, an iterative procedure is required to deter-

mine coolant flow rate as a function of the coolant thermal properties and the component

and cooling jacket geometry. This calculation has been performed for three candidate

fluids (water, carbon dioxide, and nitrogen) using the following assumptions:

• TMA X = 130 °F, Tfi N = 70 °F

• The component is a cube whose sides are 1.0 foot long

• The cooling jacket (shield) is a hollow cube whose sides are spaced a distance,

DS, from the sides of the component.

• Heat is transferred to the coolant only by convection between the shield and

the coolant as the coolant flows in the annular space between the shield and

sides of the component.

Using Eqs. (3.19),(3.23)and(3.25), coolant flow rates were computed as a function of

shield spacing, D S, for three candidate coolant fluids. The results of these calcula-

tions are shown in Fig. 3-8. These results show that, except for extremely large

shield spacings (> 1.5 inches), a lower weight flow is required with water than for
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the two gaseous coolants investigated. In the course of calculating coolant flow rate

requirements, an iterative solution technique was employed which resulted in the

intermediate results shown in Figs. 3-9 through 3-11. These plots, some of which

are used below, show the variation with shield spacing of the heat transfer coefficient

between the shield and the coolant, shield temperature and heat transfer rate into the

shield, respectively. In general, it may be seen that water is much more effective

than the gaseous coolants in absorbing the heat flux into the shield, although the heat

transfer rates into the shield are much lower for gaseous coolants than for water.

Radiation Effects with Gaseous Coolants. The coolant flow rate requirements shown

in Fig. 3-8 do not reflect the effects of radiative exchange between the shield and the

component when gaseous coolants are used. The inclusion of these effects results in

a higher coolant flow rate requirement for gaseous coolants. To obtain an accurate

evaluation of the effect requires a complex iterative solution; however, an estimate of

increase in flow rate may be obtained by using the shield temperatures shown in

Fig. 3-10 for, say, D = 0. 10 feet, to calculate the magnitude of the radiative heat

transfer to the component and to derive an approximate value for the increase in flow

rate required to absorb the heat flux. The results of such a calculation indicate that

an increase of about 1.5 lb/hr in coolant flow rate will account for the added heat load

due to radiation transfer between the shield and the component.

Weight and Volume Penalties of Forced Fluid Circulation Isolation. Under the assump-

tion of annular geometry, an estimate of weight and volume penalties may be made for

various types of components. Again, for purposes of feasibility determination, we

neglect the effect of supporting structure bracketry and fittings.

For a cylindrical component, assuming a shield constructed of 0.1 inch thick aluminum,

the volume of the isolated installation is

vp . (D °'2) 2 )2
L---C = 4 C + 2Ds + 12 / = 0.785(D C + 2D S + 0.0167
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while the volume of the unprotected component is

VUNP

LC

2
= 0.785 DC

so that

_V VUNP <D DC ) 2
Vp C + 2Ds + 0.0167

similarly

_W
_ WUNP _ WC

Wp W C + W S

where

WS = PsVs _ 4.45 D S LS

For a cubical component, the volume of the isolated installation is

Vp + )2
_S = ( Lc 2Ds

so that

_V
1

1+ LC/
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and

W S = 5.66 L C (L C + 2D S)

These relations are used in Section 3.8 to evaluate the measures of feasibility used

for comparison with other isolation methods.

3.5.2 Cryogenic Fluid Boiloff Systems

Cryogenic fluid boiloff systems refer to the circulation of the vapor from a very cold,

evaporating liquid around the component to be protected. Since the boiling points of

these liquids are low, the vapors can absorb large amounts of heat before reaching

normal component temperatures. In applying such a boiloff system to thermal pro-

tection during terminal sterilization, an arrangement similar to that shown in Fig. 3- 12

would be used. The cryogenic fluid is supplied to a heat exchanger where it absorbs

heat; by virtue of this heat absorption, the liquid evaporates and the resultant vapor

flows through the cooling jacket. A thermostatically operated valve controls the flow

of vapor to the component, the latter being enclosed in a shield or jacket as in the

forced fluid circulation system. The heated vapor is then vented outside the steriliza-

tion chamber.

The primary virtues of a cryogenic fluid boiloff system are simplicity of fluid supply

and the availability of a low temperature gas coolant. If the coolant supply line con-

necting the coolant reservoir and the cooling jacket is perfectly insulated, the temper-

ature of the gaseous coolant at the inlet to the cooling jacket is close to the boiling

point of the cryogenic liquid. In the case of nitrogen, this temperature would be

-320 ° F. For such a low coolant inlet temperature, it is obvious that if the coolant

impinges directly on the component, very low local component temperatures would

result. For this reason, a system of multiple shields, as shown in Fig. 3-12, has

been suggested.
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Approximate calculations of the heat transfer in the inlet stagnation region indicate

that, by proper selection of the shield material, extreme local cooling of the component

can be avoided. A detailed analysis of the complex fluid flow and heat transfer relations

in the multiple shield configuration requires the generation of a computer program to

perform the iterative solutions involved. Such an analysis exceeds the level of effort

allocated for feasibility determination, and was not attempted in Phase I.

Since the component cooling jacket weight and volume penalties for cryogenic boiloff

systems are comparable to those for forced fluid circulation, a separate determination

of these penalties was not made for boiloff systems.

3.5.3 Feasibility of Fluid Circulation Cooling

On the basis of the foregoing analysis, fluid circulation cooling appears to be adequate

for component thermal isolation during terminal sterilization. Under the assumptions

indicated in Section 3.5.1, a forced fluid circulation system using water as a coolant

appears to be most desirable, a flow rate of less than 11 pounds per hour being required

for adequate isolation of a cubical component whose sides are 1 foot in length. Fluid

cooling during terminal sterilization can be integrated with fluid circulation systems

designed for post-launch thermal control. With such a system only the weight of a

small number of valves and short lengths of coolant supply lines are charged to the

thermal isolation system required during sterilization.

Cryogenic boiloff systems also appear to be adequate for thermal isolation, however,

a more complex system of shielding is required than with a forced fluid circulation

system. The boiloff system weight and volume penalties appear to be comparable to

those for forced fluid circulation cooling.

3.6 PHASE CHANGE COOLING

The application of phase-change cooling to spacecraft components implies the encap-

sulation of the component in a material which changes phase (i. e., melts, sublimes,
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or vaporizes ) upon absorption of a sufficient amount of heat. Ideally, by virtue of this

phase change, the exposed coolant surface is continually renewed by the natural trans-

port of the molten or vapor phase of the coolant away from the heated surfaces. There-

fore, this investigation was concentrated ou the study of those materials which sublime

or vaporize in the appropriate temperature range, producing a vapor phase which is

vented or ducted into or outside of the sterilization chamber. The isolation effectiveness

of these materials is based primarily on their latent heat of fusion, vaporization or

sublimation and vapor pressure-temperature characteristics. However, secondary

properties such as chemical behavior and toxicity must also be considered.

3.6.1 Solid Phase Change Materials

Thermal isolation by means of fusible solid materials has been discussed extensively

in Refs. 3--18, 3-19, and 3,22. In the application of this method, the component to be

protected is surrounded by the phase change material ( PCM ) which, in turn, is sur-

rounded by a shield which serves to contain the PCM in its molten state. Table 3-7

shows the properties of some candidate phase change materials as given in Refs. 3-19

and 3-22. It may be seen that the highest value of latent heat of fusion ( 130 BTU/Lb)

is much less than the latent heat of vaporization of many liquids. Water at atmospheric

pressure, for example, absorbs 970 BTU/Lb while evaporating at 212 ° F.

In order to accurately evaluate the adequacy of solid PCM isolation systems, it is

necessary to calculate the heat transferred to the component through the liquid and

solid phases of the material as a function of time. This analysis has been performed

in Ref. 3-22 using a numerical finite difference solution technique for a cyclic heat

flux into the isolated component. In lieu of such an analysis, we will use some simpli-

fying assumptions to estimate the weight of phase change material required per unit

area of the exposed shield surface. Assuming that a sufficient amount of PCM is

available to absorb the heat flux through the shield, a heat balance gives

8f

I
0 0

(3.29)
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Table 3-7

PROPERTIES OF SOLID PHASE CHANGE MATERIALS (1)

Fusion Latent Heat

Temperature of Fusion

Material (oF ) (BTU/Lb )

Tristearin(2) 132.8 82.1

Tristearin 162.5 98.1

Hydrogenated Cottonseed Oil 144.0 79.7

Beeswax 143.2 76.1

Technical Eicosane 94.6 71.2

Pentacosane 129.1 96.4

Heneicosane 105.4 94.5

Paraffins 126.0 63.1

Camphene 124.0 102.8

Sodium Dibasic Phosphate 98.0 120.0

Polyethylene Glycol 68- 77 63.0

Transit Heet 86 (3) 86.0 130.0

NOTES: (1)

(2)

(3)

Materials selected have melting points between 70 ° F
and 150 ° F with latent heats of fusion greater than
50 BTU/Lb.
Tristearin exhibits the double melting point charac-
teristic common to most glycerides, with a solid (fl)

phase existing between the two fusion temperatures.
A proprietary formulation manufactured by Cryo-
Therm, Inc.
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where Qf is the latent heat of fusion of the PCM, and T_Vf is the weight rate of

material melted per unit area. From Eq. (3.23),

Q.._S _ (293-TS) 1"25

AS 4 (L_) 0"27

(3.30)

Assuming a linear shield temperature variation with time,

T S (0) - Tf + \--_-_/0, MS < 293 °F, (3.31)

From the results of Ref. 3-22, we estimate

u

AT S
--" 50 ° F/Hr

A0 (3.32)

so that T S = 293°F after 0f = (5.86- Tf/50)hours.

*

Using Tf = 86°F, L S = 1.0, and Off--130BTU/Lb,

and (3.32) into (3.29),

and substituting Eqs. (3.30)

Of ffJoWf = Wfd0 = 5-_ (207 - 50 0)1"25d0 (3.33)

0

where 0f = 4.14 hours and Wf is the total weight of PCM required per unit shield

area. After 0 = ef --- 4.14 hours and the shield temperature has reached 293 ° F,

the bulk of the PCM will have melted and will act as a passive insulation material.

Evaluating Eq. (3.33), we find that

Wf = 1,445 lb/ft 2
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Thus, on the basis of this calculation alone, it appears that the weight penalty imposed

by the use of solid phase change materials would be prohibitive.

In addition to high weight and volume requirements of solid PCM systems, a satisfactory

thermal isolation system using solid phase change materials would require integration

of the isolation system with the spacecraft thermal control system, unless the isolation

system were removed from the spacecraft after terminal sterilization. Considering

the above limitations, it may be concluded that the use of solid phase change materials

for thermal isolation during sterilization is not generally feasible.

3.6.2 Liquid Phase Change Materials

The application of liquid phase change materials to thermal isolation requires the

containment of an expendable liquid coolant around the component by a shield or cooling

jacket similar to that used in fluid circulation cooling. The selection of evaporative

fluids is discussed at length in Ref. 3-15, and portions of the following analysis are

abstracted from that reference.

Table 3-8 gives the boiling point at one atmosphere pressure and the latent heat of

vaporization of a number of candidate liquid coolants. It may be seen that those liquids

with the highest heats of vaporization also have boiling points ( at atmospheric pressure )

which are outside the desired component temperature limits (32 ° F to 160 ° F). The

following evaluation includes the use of a mixture of the two fluids having the highest

latent heats shown in Table 3-8, namely, water and ammonia. As pointed out in

Ref. 3-15, ammonia-water mixtures have relatively high heats of solution and, during

evaporation, the heat of solution is reabsorbed by the mixture. Because of these

characteristics an ammonia-water mixture appears to be very desirable for use as

an evaporative coolant. A possible disadvantage of this coolant is that aqueous ammonia

tends to corrode copper and nickel-silver alloys, so that some components will require

use of a double-walled cooling jacket or a protective surface coating. Two additional

coolants were evaluated; water, for those components whose upper temperature limit

is greater than or equal to 212 ° F, and methyl alcohol for those components whose upper

temperature limit is greater than or equal to 148 ° F.
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Table 3-8

PROPERTIES OF UQUID PHASE CHANGE MATERIALS

Heat of

Boiling Point* Vaporization
Material {° F ) ( BTU/Lb )

Water 212 970

Ammonia -28.3 589

Methyl Alcohol 148.5 473

Methylamine 20 460

Ethyl Alcohol 173 368

Acentonitrile 176 313

h-Propyl Alcohol 207 295

Iso I>ropyl Alcohol 180 286

Ethylamine 61.9 263

Ethylene Oxide 51.3 250

Acetaldehyde 69.8 245

Propionitrile 206.6 241

Tert-Butyl Alcohol 181 235

*At one atmosphere pressure.
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As with fluid circulation cooling, we assume that the evaporative cooling system is

designed to absorb all the heat flux into the coolant container during a 36 hour steriliza-

tion period, so that _E = 1.0 by design. We also assume that the coolant is stored

in a container (shield) completely surrounding the component, that the heat absorbed

by the component from the fluid coolant is negligible and that the fluid bulk temperature

is equal to the average shield temperature. It is also assumed that the fluid container

is vented to the atmosphere and that pressure drops out the vent line, entrainment

losses, etc., are negligible. The heat flux into the shield will then be equal to the heat

flux absorbed by the fluid.

d Tf d

QS = Qf = WfCpf dO - dO (WfHf) (3.34)

The heat input to the shield, QS ' may be obtained as a function of shield temperature,

T S , from Fig. 3 -2. Thus, for single component fluids having a fixed boiling point,

the right-hand side of Eq. (3.34) is a constant equal to the heat of vaporization times

the weight rate of fluid vaporized. For a two-component liquid mixture, the boiling

point changes continuously during the evaporation process as the more volatile compo-

nent is vaporized. Thus, the right-hand side of Eq. (3.34) varies with time for a two-

component mixture.

The vaporization of both single-and two-component liquids is illustrated in Fig. 3-13,

where the fluid temperature (assumed equal to the container temperature ) is plotted

as a function of time, the coolant container being assumed to be a one-foot cube. For

single-component fluids evaporating at constant pressure,

I 0Q SWf = _rfd0 = Wf0 = nf (3.35)

so that Wf is the total weight of liquid which is vaporized at the end of the evaporation

process.
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Fig. 3-13 Vaporization of Liquid Phase-Change Materials at 1 Atmosphere Pressure
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For two-component mixtures, Eq. (3.34) may be written

dTf QS
- (3 36)

dO (dHf_ I

wf\ f/I
T =Tf

Equation (3.36) was integrated for a water-ammonia mixture using a second order

Runge-Kutta method by obtaining (d Hf/d Tf) from the temperature-enthalpy plots

shown in Ref. 3.15 and QS from Fig. 3-3. The upper water-ammonia curve shown

in Fig. 3.13 indicates the temperature-time curve for a weight of mixture such that

the ammonia has been completely evaporated at the end of 36 hours. The second curve

(Wf :: 100 lb) shows the reduction in temperature obtained by doubiing the total

weight of the mixture. In this case, the distillation process is not completed at the

end of 36 hours, with about 28 mol percent of ammonia remaining in the liquid phase.

On the basis of this result, it would appear that more effective use is made of the

water-ammonia mixture by increasing the initial ammonia concentration to obtain a

lower final temperature thin1 by increasing mixture weight. Since the final fluid

temperature at the end of the distillation process corresponds to the component upper

temperature limit, the coolant mixture may be tailored to each component by varying

the ammonia concentration in the mixture. Thus, as the component upper temperature

limit varies between - 28 ° F and 212 ° F, the required coolant weight varies between

136 pounds and 14 pounds.

3.6.3 Feasibility of Phase Change Cooling

On the basis of the foregoing analysis is has been concluded that thermal isolation by

means of a liquid phase change cooling system is a feasible method of thermal isolation,

with liquid coolants being available for use over the anticipated range of component

temperatures. The use of available soiid phase change materials is much less effective

on a weight basis than that of the liquids, and is not feasible for the contemplated eom-

ponent sizes due to the prohibitively large coolant weight required.
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3.7 THERMOELECTRIC COOLING

3.7.1 Introduction

The application of thermoelectric cooling devices to thermal isolation during terminal

sterilization would make use of its ability to act as a "thermal shield"; the component

to be protected is shielded by the thermoelectric device whose cold junctions remain

at the desired component temperature, while the hot junctions operate at a temperature

high enough to reject heat to the surrounding sterilization gas.

The "pumping" of heat from cold to hot junctions is due to the Peltier effect whereby

thermal energy, in addition to the Joule heat, is absorbed or evolved at the thermo-

electric junctions through which an electric current is flowing. When a voltage is

applied to a thermoelectric heat pump couple as shown in Fig. 3-14, the device absorbs

heat at the cold junction (source) while the electrical energy consumed plus the absorbed

heat is rejected from the hot junction (sink).

The temperature differential between hot and cold junctions is shown in Appendix A,

Section A. 3, to be

1 12
I _ Tc - _ R - QC

AT = TH - T c -- K (3.37)

It is seen that for a given input current, the maximum value of AT is obtained for

QC = O.

The current which produces a maximum AT is termed the optimum current, Iop T ,

and may be found by setting QC = 0, holding T C constant, and differentiating

Eq. (3.37) with respect to I, giving

T C
Xop T = --_ (3.38)
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Fig. 3-14 Typical Thermoelectric Heat Pump Couple
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The maximum temperature differential may then be found by substituting the optimum

current into Eq. (3. 37) with QC = 0, giving

2 2
1 _ TC

ATMAx - 2 RK (3.39)

3.7.2 Application of Thermoelectric Cooling to Lander Module Thermal Isolation

Component Temperature Control. In determining the feasibility of applying a thermo-

electric heat pump to component isolation during terminal sterilization, some simplify-

ing assumptions have been made. It has been assumed that the thermoelectric heat

pump device is in direct contact with the component to be protected and the temperatures

nf the. ilmr.tinn_ nn th_ r.nlcl nnrl hnt. _idp._ ArA _nnA1 tn thp. flnA1 t_._r___ntn_ nf th_ Qn.r.-

faces where heat is absorbed and rejected, respectively, i.e., T O z component

temperature and T H = temperature of surface exposed to the sterilizing gas. Thermal

resistance due to joints and connecting straps is considered small and has been neg-

lected. It has also been assumed that the components to be protected during terminal

sterilization are not dissipating heat. This implies that the net heat absorbed at the

cold junctions of the thermoelectric unit, QC ' must be equal to zero in order to main-

tain a constant component temperature. With conservation of energy, the heat rejected

at the hot junctions of the thermoelectric unit, QH ' is equal to the energy input, QIN '

plus the net heat absorbed, QC ; i.e., QH x QIN + QC" Therefore, for the case of

QC = 0, the heat rejected is equal to the energy input, (QH) -- QIN"

Removal of Heat Rejected. In general, there is no guarantee that a given component in

the lander module will be exposed to forced circulation of the sterilization gas. There-

fore, natural convection heat transfer was assumed for removal of heat rejected by the

thermoelectric unit to the sterilization gas. This implies that the natural convection

heat transfer rate, QS' of the nitrogen gas must be equal to the heat rejected by the

thermoelectric heat pump device, where QS is given by equation (3.23) in metric units:
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QS = 4.14 x 10-4 AS (TH - 418 )1.25

(LS )0.27 (3.40)

where

A S

L S

418

2
total surface area exposed to the sterilizing nitrogen gas, cm

-- characteristic dimension of a configuration consisting of a component

surrounded by a thermoelectric unit, cm

= temperature of the sterilizing nitrogen gas, °K

Equation (3.40) implies that the hot junction temperatures, T H , must be greater than

418°K for removal of rejected heat from the thermoelectric device. This restricts the

operation of the thermoelectric unit to high values of AT in order to maintain reasonable

component temperature.

Minimization of Weight and Volume. From both a weight and volume standpoint, the

length of the thermoelectric unit in the direction of heat flow should be as small as

possible. If QC = 0 so that QH = QIN ' it is shown in Appendix A that

= Io_AT + I2R
(Q )Q-o

C

(3.41)

where R z 2p L/A. Here it is assumed that the n-type and p-type thermoelectric

pellet sizes and material parameters are identical and independent of temperature, so

that

-- _ , and c_ = 12c_nl = [2_p[ = Seebeck Coefficient, volts/°Kan p

K = K = K = Thermal conductivity, watts/cm °K
n p

P = Pn z pp Resistivity, ohm-cm
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AriA _A ffi
n p

Thermoelectric pellet cross-sectional area perpendicular to
2

heat and current flow, cm

Lffi L ffi L
n p

ffi Thermoelectric pellet length in direction of heat and current

flow, cm

The Thompson effect may be neglected since the Thompson Coefficient,

0 from _ _ _(T) assumed above. Solving Eq. (3.41)for L,

7 = T d_/dT -

we see that the thermoelectric pellet length can be minimized by maximizing beth I

and AT, for a given value of heat rejected. We now have two arguments in favor of

operating with a maximum AT and I ffi Iop T . The restrictions imposed on AT dis-

cussed above imply that any advantage in operating with currents other than Iop T would

not justify the increased complexity of the analysis necessary for a more general

solution.

Defining QH* as the heat rejected under the conditions of QC ffi 0 and I = IOp T , it

is seen from Appendix A that QH* ffi (QIN)OPT ' or

TH

QH* ffi 2K _C ATMAx
(3.43)

Thus, requirements for satisfactory application of a thermoelectric heat pump to thermal

isolation may be summarized as follows:

• QH ffi QIN' since QC must be zero in order to maintain a constant component

temperature.

• Removal of heat rejected by the thermoelectric unit by natural convection

requires QS = QH and large AT.
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• Minimization of weight and volume requires a minimum thermoelectric pellet

length L, or large I and AT, therefore I =Iop T, AT = _TMA X and

QS = QH*"

3.7.3 Size of Thermoelectric Unit Required for Thermal Isolation

The importance of size and weight considerations suggests using thermoelectric pellet

length as a function of component size as a criterion for the feasibility of thermo-

electric cooling for thermal isolation. The following analysis, based on the require-

ments listed above, was used in evaluating this measure of feasibility.

The surface area per p-n couple exposed to the sterilization gas includes both the

thermoelectric pellet area, 2A, and the insulation area, A I. The total surface area

exposed to the sterilization gas is therefore

A S ,, (2A + A I) n (3.44)

where

A

A I

n

2
pellet cross-sectional area perpendicular to heat and current flow, cm

2
insulation cross-sectional area perpendicular to heat flow, cm

number of p-n couples

The insulation area may be defined as a function of the area covered by thermoelectric

material as follows:

AII X(2A) (3.45)

where

X
Area covered by insulation

Area covered by thermoelectric material
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Then Eq. (3.44) reduces to

A S -- 2nA(1 + X) (3.46)

Combining Eqs. (3.39) and (3. 43), multiplying by n, the number of p-n couples

used, and solving for n (A/L) yields

nA 2p QH*

L 2
TcT H

(3.47)

Using typical material parameters, Eq. (3. 47) reduces to

nA . 1.632 x 104 QH____* (3.48)
L TcT H

Assuming that the insulation and pellet lengths are equal, Eqs. (3.46) and (3.48)

may now be combined to eliminate n and A giving

L _ 3.06 x 10 -5 AS TC TH

QH*(1 + x)
(3.49)

Applying the condition that QS = QH*' Eqs. (3.40) and (3.49) may be combined

to give Eq. (3. 50):

L

0. 0740 TC TH ( LS)0" 27

(T H - 418) 1"25 (1 + X)

(3.50)
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The relationship between T C , T H

For

and X for ATMA X may be found from Eq. (3.39).

R = 2p L, K = 2A(K+XKI)

and typicalmaterial parameters (see A. 3.2)

IT H - TC)MA x =

1.333 ×10 -3 2
T C

1 + 0. 0226 X (3.51)

Equation (3.51) may be used to determine the maximum possible range of T H and X

for various values of T C . For the case of perfect insulation, the surface area covered

by insulation can be neglected (since no heat would be conducted to the cold junctions

through the insulation) and X = 0. For this case, the maximum values of A TMA X

and T H are obtained.

There are also minimum values of A TMA x and T H corresponding to a maximum

amount of surface area covered by insulation, i.e., if the area covered by insulation

exceeds a certain value, heat leak through the insulation will cause the maximum hot

junction temperature to approach the temperature of the sterilization gas, at which

point Qs = 0 and no convective heat transfer to the sterilization gas is possible.

These relationships are shown in Figs. 3-15 and 3-16 for two values of the cold junction

(or component) temperature, T C .

Equations (3.50) and (3.51) may now be combined to give L = L(L S, T C , X). By

taking the derivative of L with respect to X, the optimum value of X, i.e., X for

minimum L, may be found for any given value of T C. This is shown graphically in

Figs. 3-17 and 3-18 showing XOp T to be approximately 3.1 and 31 for T C equal to

100 ° F and 200 ° F, respectively.
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Since Xop T is not a function of component size, an optimum ratio of insulationarea

to thermoelectric pelletarea may be found for each component, based on itsupper

temperature limit only.

Using the above values of X and the corresponding values of T H from Figs. 3-15 and

3-16, the minimum thermoelectric pellet length, LMI N, may be derived from Eq.

(3.50) as a function of characteristic dimension only, i.e.,

L N/ -- 93.1 ( LS)0" 27

\

MI• T C = 100 ° F

(3.52)

and

IL N_ = 2.79 (LS )0"27
MI_/T C =2000 F

(3.53)

The characteristic dimension, LS, as used in the above analysis defines the character-

istic length of the surface exposed to the sterilization gas and includes both the com-
.

ponent characteristic, LS, and the thermoelectric pellet length, L. The component

characteristic length is given by

* = L s - L (3.54)L S

Weight and volume penalties may now be illustrated by incorporating the definition of

* from Eq. (3.54) in Eqs. (3.52) and (3.53). This yields the minimum thermoelectricL S

pellet length and the characteristic length of component surrounded by a thermoelectric

unit as functions of component size as shown in Eqs. (3.55)--(3.58).

For T C = 100°F

3.7 _ - 1.90 × 107 *
LMI N 1.90 × 107 LMI N L s = 0 (3.55)
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LS 93.1 ( LS)0" 27 *- - LS = 0 (3.56)

For T C = 200 °F

3.7 * = 0 (3.57)LMI N - 44.7L - 44.7L S

LS 2.79 ( LS)0" 27 *- - L S = 0 (3.58)

Equations (3.55) and (3.56) show that protecting a component of negligible size would

require a thermoelectric pellet length of 500 cm. This implies that protecting a com-

ponent at 100 ° F is not feasible for the operating conditions during terminal sterilization.

Equations (3.57) and (3.58), plotted in Fig. 3-19, give much lower, but still impracti-

cal, values of LMI N and L S for a component temperature of 200 ° F.

A sample calculation for a cubical component one foot on a side having an upper tempera-

ture limit of 200 ° F is included in Appendix A. Using the measures of weight and volume

penalties defined in Section 3.1, it is found that

_W = 0.612 and _V = 0.350

where the ideal ratios would be _ 0. Comparing these values with the measures of

weight and volume for fluid circulation ( _W = 0.91, _V = 0.95 ) shows the relatively

high weight and volume penalties involved in thermoelectric cooling for the operating

conditions required during terminal sterilization.

3.7.4 Feasibility of Thermoelectric Cooling

On the basis of the foregoing analysis and sample calculations, the application of a

thermoelectric heat pump device as a thermal shield is not considered to be feasible

for the operating conditions assumed during terminal sterilization.
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Because only one of the proposed lander components has an upper temperature limit

above 200 ° F, it was concluded that prohibitive sizes of thermoelectric devices would

be required for thermal isolation of the remainder of the components. For this reason,

thermoelectric devices are not included in the comparison of candidate isolation

methods discussed in the following section.

3.8 SUMMARY AND RELATIVE RANKING OF CANDIDATE THERMAL ISOLATION
METHODS

For reasons cited in Sections 3.4 and 3.7, thermal isolation by means of passive isola-

tion and thermoelectric cooling does not provide feasible protection for components

exposed to the dry-heat sterilization environment. Thus, only fluid circulation and

phase change cooling have been evaluated using the criteria given in Section 3.1. The

rating system derived in Section 3.2 has been implemented in order to obtain a quanti-

tative comparison of the thermal isolation methods that survived the test for feasibility.

Several of the criteria employed in this rating system must be evaluated primarily on

the basis of engineering experience and judgment, rather than component cooling

requirements. The numerical values assigned to measures of these criteria and their

weighted scores are shown in Table 3-9.

The remaining measures of weight and volume required by the candidate isolation

method, are functions of several variables. For the two remaining isolation methods,

fluid circulation and phase-change cooling, the weight penalty incurred is due to the

cooling jacket or coolant container required to contain the circulating fluid or the

phase change coolant, plus any associated bracketry, piping, and fixtures.

In order to compare the two remaining isolation methods, only the weight of the cool-

ing jacket was considered, and each component was idealized to have either a cubical

or cylindrical geometry. The size, weight (unprotected), assumed upper temperature

limit, and shape of these components is shown in Table 3-10.

The cooling jacket was in all cases assumed to be a 0.1-inch-thick aluminum shield.

For evaluation of phase change isolation, the phase change coolants were selected
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NUMERICAL VALUES ASSIGNED TO EVALUATION CRITERIA*

M-92-66-I

Criterion

Effectiveness

Reliability
Noninterference
AGE Required

Measure

_E
rra
_NI
_AGE

Numerical Value
Fluid

Circulation

1.0
0.8

0.5
0.3

Phase

Change

1.0
0.8
0.6
0.7

Weighted Score
Fluid

Circulation

2.50
1.60
0.85
0.09

Phase

Change

2.50
1.60
1.02
1.21

*Partial List- See Text

Table 3-10

COMPONENT CHARACTERISTICS USED FOR ISOLATION
RATING DETERMINATION

Component

Battery
Tape Recorder
Floating Rate Gyro

Vidicon Tube

Photomultiplier Tube

Life Detection Experiment

Maximum

Temperature

(°F)

148
158
148

212

122

122

Weight
(lb)

118
17
10

0.6

0.375

7.5

Size and Shape

1 ft cube
1 ft cube
O. 5 ft cube

Cylinder, O. 1 ft diam.
O. 4 ft long

Cylinder, O. 17 ft diam.
O. 45 ft. long

O. 5 ft cube

Table 3-11

REQUIRED PHASE-CHANGE COOLANT WEIGHTS

Coolant Weight
Component Coolant (lb)

Battery

Tape Recorder

Floating Rate Gyro
Vidicon Tube

Photomultiplier Tube

Life Detection

Experiment

Methyl Alcohol
Ammonia-Water

Mixture*

Methyl Alcohol
Water
Ammonia-Water

Mixture**

Ammonia-Water
Mixture**

Notes: *60% initial molal concentration of ammoma
**90% initial molal concentration of ammonia

54.3

47.0

18.3
0.4

17.3

90.0
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Table 3-12

MEASURES OF WEIGHT AND VOLUME REQUIREMENTS

Component

Battery

Tape Recorder

Fluid
Circulation

0.91

0.91

Phase

Change

0.48

0.52

Fluid
Circulation

0.95

0.74

Gyro

Vidicon Tube

Photomultiplier Tube

Life Detection Experiment

0. 83

0.36

0.52

0.83

0.25

0.33

0.02

0.06

0.87

0.98

O. 95

O. 83

Phase

Change

0.90

0.56

0.65

0.66

0.09

0.34

Table 3-13

SUMMARIES OF RATINGS FOR THERMAL ISOLATION METHODS

thod

Battery

Tape Recorder

Floating Rate Gyro

Vidicon Tube

Photomultiplier Tube

Life Detection Experiment

Fluid
Circulation

Cooling

8.30

7.88

8.03

7.54

7.72

7.95

Phase

Change
Cooling

7.85

7.23

7.01

7.15

5.54

6.10
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individually for each component, corresponding to the component's upper temperature

limit. The coolants selected and the required coolant weights are tabulated in Table

3-11.

Using the required coolant weights and specific volumes, measures of weight and volume

requirements were computed using the following definitions:

Weight of Unprotected Component
_/W = Weight of Protected Component

_V
Volume of Unprotected Component

Volume of Protected Component

Obviously, the ideal value of these ratios is 1, while the worst possible value is

0. The computed values of these measures of weight and volume penalties are tabu-

lated in Table 3-12 for the two candidate isolation methods.

It may be seen that, on a weight basis, phase change cooling compares favorably with

fluid circulation cooling only when used with the heaviest component, where small

variations in system weight penalties are overshadowed in the comparison shown. On

an absolute basis, the cooling jacket weight for fluid circulation cooling of the battery

is only 6.3 pounds, while the phase change system requires 13 pounds for the coolant

container, almost twice the weight penalty. On a volume basis, the phase change cool-

ing system compares favorably with the fluid circulation system only when applied to

isolation of the vidicon tube, where water is the most favorable coolant due to the high

maximum allowable temperature of the vidicon tube.

The results shown in Tables 3-9 and 3-12 have been combined to yield a summary of

the weighted measures as shown in Table 3-13. This table compares the overall

ratings for each system, where a ,,perfect score" of 10 is considered to be the ideal

system.
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3.9 CONCLUSIONS- PHASE I

An analysis of passive isolation techniques and thermoelectric cooling devices has

shown that these two methods are not suitable for achieving thermal isolation during

sterilization.

Of the two remaining candidate isolation methods, (phase change and fluid circulation

cooling), fluid circulation cooling appears to be feasible for the three coolant fluids

investigated, while phase change cooling is feasible only when liquid coolants are used.

Cryogenic fluid boiloff systems require a more complex system of shielding than fluid

circulation cooling, while incurring similar weight and volume penalties.

The results of a numerical comparison of fluid circulation and phase change cooling

show that, for the types of components considered, fluid circulation cooling appears

to be the most favorable system for thermal isolation during terminal sterilization.

However, because of the possibility that more sophisticated analyses and inclusion of

additional system design considerations may disclose favorable applications of phase-

change cooling, it was recommended that both thermal isolation methods be investigated

more thoroughly. Furthermore, thermoelectric cooling may be useful in certain

special cases such as protecting the face of a vidicon tube.
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Section 4

PHASE II- DEFINITION OF PROBLEM AREAS AND METHODS OF SOLUTION

Although all of the problem areas associated with the implementation of isolation

schemes may be considered to fallinto the general category of systems integration

problems, some items can be singled out as primarily affectingthe payload system.

the sterilizationsystem, or the isolation system. Thus, three general categories of

isolationproblem areas were established in Phase II- those pertaining to specific de-

tailsof the sterilizationfacilitydesign and operation, those affecting spacecraft systems

design, and those affectingisolationsystems design.

Figure 4-1 is the schematic diagram that evolved indicating the interaction between

thermal isolation system design and payload and sterilization facility design. This

diagram also illustrates the planned sequence in which these interactions and design

problems were to be considered in Phase III studies. The basis for evaluating the

magnitude of these interface effects was to define a preliminary design of isolation

devices for components which are presently being considered for early Voyager Lander

systems. These components have been described in Section 3; preliminary design of

isolation devices would be based on the same types of components, but referenced to the

specification of an actual component. Thus, a vidicon tube isolation system, for example,

would be designed for a specific type and model of vidicon tube, mounted in a scanning

camera system.

Sufficient latitude should be allowed, however, in the selection of the components and

their mounting and installation in the Lander, so that a range of interaction effects

could be obtained. For the purpose of estimating the total effect of isolation system

interaction with the payload system, a Lander configuration was selected which appears

to be representative of the current approach to Voyager systems design.
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4.1 PRELIMINARY DESIGN OF ISOLATION SYSTEMS

Preliminary design of isolation devices should be based on the use of specific

temperature-sensitive components, as noted above. A preliminary selection of these

components was made; their detailed specifications are shown in Table 4-1.

Table 4-1

DETAILED LANDER COMPONENT SPECIFICATIONS

Component

Nickel-Cadmium

Battery

Life Detection

Experiment-Culture
Medium

Life Detection Experi-
ment - Vidicon Tube

Life Detection

Experiment- Photo-
multiplier Tube

Manufacturer/Type

Sonotone Corporation

NASA/JPL - Radioisotope,
Optical Density or Micro-
scopic Growth Detection

RCA 8573

RCA 8575

Weight
(Ib)

25.3

6.0

0.8*

0.38

Volume

(in. 3)

194

2O4

23*

2O

Upper
Temperature

Limit (°C)

60

5O

71

85

Tape Recorder Raymond Engineering Lab. 16.8 486 70

*Includes magnetic focussing and deflection coils.

The preliminary design of isolation devices for components which are to be isolated

solely by the use of fluid circulation cooling involves only the design of a suitable

shield, single or double walled, to carry the coolant fluid around the component. It

was assumed that allowances for electrical penetrations and structural attachment of

the shield would not provide any complex design problems. The design of isolation de-

vices for components which are to be isolated by the use of both fluid circulation and

thermoelectric cooling requires a more sophisticated design approach and integration
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with the payload system, in order to allow for removal of the thermoelectric device

from the component after completion of terminal sterilization.

For components which cannot remain completely enclosed by the isolation device,

consideration was also given to mechanisms for the removal of a portion of the fluid

circulation shield from the component, or the removal of the component from the

shield. The desirability of enclosing several components within a single shield was

also to be investigated.

4.2 INTERACTION WITH PAYLOAD DESIGN AND SYSTEMS INTEGRATION

Although the preliminary design of the isolation system should be performed with a

view toward integrating the isolated components into the Voyager-Lander design, a

thorough evaluation of several mechanisms of interaction cannot be made until the

preliminary design has been accomplished. Subsequent to the preliminary isolation

system design it was planned that typical components, fitted with their isolation de-

vices, would be designed into the prototype Lander configuration to provide a basis

for the evaluation of interaction effects.

Conceptual design studies of Advanced Mariner and Mars-Voyager spacecraft have

shown that the most probable Lander configuration is either a sphere surrounded by an

outer crushable sphere, or a conical configuration conforming to an outer conical re-

entry shield (see Refs. 4-1 through 4-4). For the purposes of this study, a prototype

configuration similar to that described in Ref. 4-1 was used. Sufficient thermal design

information is given in Ref. 4-1 so that the interactions of the isolation system with the

landed payload could be determined.

In order to evaluate the magnitude of these interactions it is necessary to describe the

payload in detail. However, to make the results of the study general and applicable to

a range of vehicles, it was planned to use an idealized model of the Mars Lander de-

scribed in Ref. 4-1. A general thermal network for this configuration is shown in

Fig. 4-2.

4-4
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Fig. 4-2 Thermal Analog Network for Simulation of Heat Flow Paths
in Idealized Lander Configuration
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4.3 INTERACTION WITH STERILIZATION FACILITY AND LANDER ASSEMBLY

SEQUENCE

The design of a thermal isolation system is affected by general sterilization require-

ments and will, in turn, affect the design of the sterilization facility and the Lander

assembly and sterilization sequence. The sterilization facility must be able to provide

sterile coolant fluid for fluid circulation isolation devices and must regulate the flow

rate of coolant to maintain isolated packages within allowable temperature ranges.

This implies the use of a sterile coolant pump (and coolant heat exchanger if a very

large reservoir of coolant is not available), which in turn imposes restrictions on the

types of pumps and construction materials which can be used in the sterilization facility.

Similarly, since the external surface of coolant shields will be exposed to the steriliza-

tion environment, as well as outer surfaces of coolant tubing, it may be necessary to

use non-metallic materials for these items to insure their sterility. Also, any surfaces

which are conductively coupled to coolant tubing and coolant shields may possibly remain

at a temperature lower than that required for adequate sterilization when exposed to the

terminal sterilization environment.

It was anticipated that the vehicle temperature distribution during terminal sterilization,

which is determined by using the thermal network described previously, would reveal

areas where the Lander structure adjacent to isolation devices, or the outer surfaces

of isolation devices, remains at prohibitively low temperature during terminal steriliza-

tion. Appropriate changes in material or structural design must then be incorporated

into the thermal model and the adequacy of the design solution verified.

Similarly, using the experience gained in the study of sterile assembly techniques

(Ref. 4-5), itwas planned to educe a recommended assembly sequence for the Lander

and isolationsystem to insure aseptic assembly of pre-sterilized components and iso-

lationdevices.

4.4 DETAIL DESIGN OF ISOLATION DEVICES

Subsequent to the resolution of the design problems discussed in Sections 4.1, 4.2, and

4.3, a detailed design evaluation of isolation systems was planned with the objective of
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minimizing overall weight and volume requirements of the isolated payload components.

The purpose of this study was to evaluate the weight and volume requirements associated

with the thermal isolation of a selected range of sizes and shapes of given components.

The isolation of a biological nutrient solution must be examined, for example, assuming

the nutrient to be packaged in an ampoule, on a fiat plate, or a similar extended surface.

Similarly, a small range of shapes and sizes of batteries must be examined. In addition

to the calculation of weight and volume requirements for the proposed range of vehicle

component specifications, the adequacy of the detailed isolation system designs must

be verified for the configurations in which the component combinations of size and shape

result in the highest and lowest isolation system weight and volume penalties. The major

results of such an evaluation can be utilized in defIning:

• Design Parameters for the Thermal Isolation System (materials, construction

and assembly techniques)

• Weight, Volume and Reliability Penalties of the Thermal Isolation System

• Auxiliary Sterilization Equipment Requirements

• Aerospace Ground Equipment Requirements

The overall results will be a range of isolation system requirements, corresponding to

a selected range of Lander components, which can be incorporated into the preliminary

design of Mars Lander systems and the design of a sterilization facility for planetary

landers.

4.5 PROGRAM PLAN AND MILESTONES FOR PHASE HI

Presented below is the study plan for Phase HI of the Thermal Isolation Study. This

plan outlines the specific items of study and indicates the sequence in which these

problems should be considered.

Task 1 - Preliminary Design of Isolation System

Perform preliminary design of isolation devices for application to the selected

components shown in Table 4-1, with materials selection and design for minimi-

zation of weight and volume. Mechanisms for removal of portions of isolation

device and hybrid systems such as fluid circulation combined with thermoelectric

cooling are to be included.

4-7
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Task 2 - Interaction With Payload System

Construct thermal network for computer analysis of temperature distribution in

the isolated payload system and use these results to evaluate:

• Temperature distribution and thermal stresses during terminal

sterilizations, and

• Effects of isolation devices on post-launch thermal control.

Perform a preliminary analysis of the structural adequacy of isolation devices

exposed to launch acceleration, preliminary design of mechanisms for separation

of coolant lines and electrical feed-throughs at the payload and sterilization shield

interfaces, and a qualitative analysis of the effects of the isolation system on

payload systems reliability.

Task 3 - Interaction With Sterilization Facility and Lander Assembly Sequence

Utilize the payload temperature distribution during sterilization (determined in

Task 2) to locate areas which may remain cool and unsterilized and implement

design changes to provide higher local temperatures. Construct recommended

assembly sequence for pre-sterilized components into payload assembly and

specify requirements for design of sterilization facility.

Task 4 - Detail Design of Isolation Devices

Utilizing the results of studies performed in Tasks 1, 2, and 3, perform detailed

design of isolation devices for a range of component sizes and shapes and evaluate

the adequacy of at least two of these designs using the thermal analyzer network

computer program. Compile the following results for the range of component

sizes and shapes studied:

• Design Parameters for the Thermal Isolation System

• Weight, Volume and Reliability Penalties of the Thermal Isolation

System

• Auxiliary Sterilization Equipment Requirements

• Aerospace Ground Equipment Requirements

4-8

LOCKHEED MISSILES & SPACE COMPANY



M-92-66-1

4.6 CONCLUSIONS - PHASE H

The major problem areas, design considerations, and interface effects involved in the

design of a thermal isolation system for a candidate planetary lander configuration have

been delineated. Methods of solution to these problems and a plan for the design of iso-

lation systems have been outlined which will result in design procedures for a limited

range of component configurations. The results of this program would be available for

use in the design of the payload system as well as the design of the sterilization facility

and lander assembly procedures.
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Section 5

PHASE in- PARAMETRIC STUDY OF SELECTED ISOLATION TECHNIQUES
FOR TYPICAL CRITICAL COMPONENTS

5.1 PRELIMINARY DESIGN OF AN ISOLATION SYSTEM

In order to evaluate the effects of terminal heat sterilization and post-launch thermal

environments on temperature-sensitive components it was first necessary to describe

a prototype lander configuration. The prototype lander configuration shown in Figs.

5-1 and 5-2 is based on an Advanced Mariner configuration described in Ref. 5-1. It

includes the major structural elements which are likely to be found in a typical lander,

and provides a basic framework into which must be packaged the candidate lander

components.

Detailed specifications of temperature-sensitive components (those requiring thermal

isolation) were presented in Table 4-1 of Section 4. Techniques for mounting compo-

nents within the idealized lander are shown in Figs. 5-3 through 5-6. Joints and pack-

age configurations were sufficiently well defined to permit thermal idealization, but no

detail design work was performed. In particular, the life detection experiment has

been defined so that it may incorporate either a photomultiplier or vidicon tube. Growth

media containment has been envisioned in the form of ampoules or on planchets (Ref. 5-2).

Since fluid circulation cooling is the selected method of thermal isolation, all heat-

sensitive components will be enclosed by an isolation shield whose purpose is to guide

the fluid coolant around the component so as to provide fluid circulation over the entire

component surface to be protected. Fluid coolant is supplied to the lander capsule

through an umbilical containing explosively actuated valves and disconnects.
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5. i. 1 Coolant Shield Design

It is anticipated that the coolant shield will be aseptically assembled to the presterilized

component prior to the installation of the component in the lander. The coolant shield

will thus function as a biological barrier to prevent contamination of the component

during handling and assembly of the component into the lander structure (a study of

available sterile assembly techniques and an evaluation of their effectiveness has been

performed at LMSC; the results are described in Ref. 5-3).

The preliminary design of a coolant shield was directed toward satisfying the following

requirements:

• The coolant shield must be sterilizable and capable of sterile assembly to

the component.

• The coolant shield should provide uniform coolant flow over the component

surfaces.

• The coolant shield attachments to the component mounting structure should be

designed to minimize cooling of adjacent structure which must be heated during

terminal sterilization.

• The coolant shield should provide a biological barrier against contamination of

the component by dirt, dust, or viable microorganisms.

• The coolant shield must be capable of withstanding ground handling and flight

environments.

• The coolant shield design should minimize interference with post-launch

thermal control. Weight and volume penalties associated with the isolation

system should also be minimized.

The requirement that the coolant shield be sterilizable on its outer surface during

terminal sterilization implies that at least the outer surface layer (that surface which

is exposed to the hot sterilization gas) must be a good thermal insulator. The shield

material may be made of either rigid or flexible materials (plastic films) or a combi-

nation of both.
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Rigid materials, while heavier than relatively thin plastic films, have the advantage

of being less susceptible to handling damage. A rigid isolation container, however,

has the disadvantage of requiring a larger volume and more complex fabrication tech-

niques than flexible containers. Flexible film materials are commonly used for germ-

free isolators and may be easily fabricated to conform to complex geometrical shapes

thus providing uniform flow passages for circulating fluid coolants. The use of a flexi-

ble film container for pre-sterilized lander components also allows manipulation of the

component and permits the isolated component to be seen.

A combination of rigid and flexible materials may be used for the containment of com-

ponents which require that a portion of the coolant container be removed or displaced

after terminal sterilization. A list of properties of candidate flexible film materials

which can withstand the proposed dry heat sterilization environment is shown in

Table 5-1.

Table 5-1

FILM MATERIALS FOR COOLANT CONTAINER CONSTRUCTION

Material

Cellulose Acetate

Nylon 6

Polypropylene

CFE Fluorocarbon

Polyester

Cellulose Triacetate

Polyimide ("H-Film")

Maximum

Service Temperature
("F)

250-300

380

300

300-395

300-360

300-400

500+

Specific

Gravity

1.25-1.35

1.12

0.90

2.11

1.23

1.28

1.20

Burst

Strength
(psi)

30--80

42

56

100--150

The use of a flexible film material for the coolant container will meet the requirements

listed above providing that (1) adequate support is provided when fluid is circulating

and (2) the film is sufficiently thick to allow its exterior surface to attain the sterili-

zation temperature. For the range of thermal conductivities found in most plastic film

materials this requires a fairly large single film thickness, on the order of 0.3 inches.
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However, as stated in Ref. 5-4, terminal heat sterilization may not be an absolute

requirement, as long as exposed component surfaces can be sterilized by gaseous

sterilants and the sterility of electrical and mechanical devices within that component

can be guaranteed.

In the event that terminal sterilization of the coolant shield outer surface is a firm

requirement, a double-walled coolant shield may be used wherein the space between

the coolant shield inner and outer wails is filled with an inert gas. The highly effective

thermal resistance of this gas layer would insure high temperatures on the outer wall

of the coolant shield during terminal sterilization.

In order to illustrate the conceptual design of a coolant container using a flexible

film material, a mockup of an isolated component was constructed. The completed

mockup, representing a cylindrical component surrounded by a plastic coolant con-

tainer spaced 0.2 inches from the component surface, is illustrated in Fig. 5-7. Under

pressure, due to the coolant flow, the plastic container is inflated so that reasonably

uniform flow occurs over the component surface. When terminal sterilization has been

completed, the space between the component and coolant container may be evacuated,

to make the plastic film conform to the component surface thus minimizing any dis-

placement of the coolant container during launch vibration. Also, due to its low density

when compared to solid insulation or metallic materials, the use of plastic films for

coolant container materials will minimize launch vibration and acceleration effects on

the coolant container.

Because of the foregoing considerations, a flexible film material was selected for

coolant containers in the prototype lander configuration.

5.1.2 Component Attachment to Adjacent Structure

The design of component attachments to adjacent lander structure must be directed

toward the satisfaction of several fairly unique requirements. These attachments must,

of course, be able to transmit the acceleration and vibration loads to the lander structure,
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and should not require assembly techniques which would compromise the effectiveness

of sterile component assembly techniques. For adequate thermal control after landing

on Mars, heat generated within the component during component operation must be

allowed to flow into the adjacent structure; thus component attachments must provide

a fairly low thermal resistance between the component and the lander structure. This

requirement is in opposition to that for a high thermal resistance during sterilization.

The latter requirement is due not only to the need for keeping heat flow into temperature

sensitive components to a minimum during terminal sterilization, but also to the neees-

sity for preventing cooling of adjacent lander structure below the temperature required

for sterilization.

Some concepts which have been developed to satisfy the above requirements are illus-

trated in Figs. 5-8, 5-9, and 5-10. The first two of three concepts shown depend on

achieving a high thermal resistance between the component and the structure to which

it is mounted. R requires, therefore, some means of establishing a good path for con-

duetive heat transfer subsequent to terminal sterilization. The first concept features

a cross-section of material having a low thermal conductivity which is protected from

both cooling by the circulating coolant fluid and from heating by the sterilization gas.

This protection is accomplished by constructing the coolant shield so that is is locally

"double-walled" to provide an insulating region around a portion of the connector.

The second concept, shown in Fig. 5-9, provides a high thermal resistance by means

of a long heat transfer path. The connector is insulated from coolant flow near the

coolant shield and well exposed to cooling near the component. It is evident that, while

both of these configurations may be implemented with a fair degree of success, they

would result in fairly large weight and volume penalties in comparison to conventional

connectors.

The third concept, illustrated in Fig. 5-10, was selected as being the most practicable

and economical connector which was capable of satisfying the requirements stated

earlier in this section. It has the virtue of not requiring an auxiliary heat transfer

path to recouple the component to the adjacent structure when post-launch thermal
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control is required. In this scheme, an inner pin constructed of a material having a

low coefficient of thermal expansion is fitted to the component. An outer sleeve, of a

material having a high coefficient of thermal expansion, is shrunkfit onto the inner pin,

and is attached to the adjacent lander structure. At normal equipment temperature,

intimate contact is achieved between the pin and its sleeve, providing an adequate heat

transfer path as well as rigid structural support. During terminal heat sterilization

the outer sleeve expands away from the inner pin and a large increase in the thermal

resistance between the component and lander structure is effected. A small pin trans-

verse to the axis of the sleeve serves to provide structural support during sterilization.

5. i. 3 Coolant Line Connection and Separation System

The use of fluid circulation cooling for component isolation during terminal steriliza-

tion requires that coolant inlet and outlet tubes be plumbed to these components.

Figure 5-ii is a schematic diagram of a coolant supply system which makes use of a

single tube for the coolant inlet supply to the lander and a separate tube for coolant

outlet.

An alternative to the dual coolant tube system (using separate tubes for coolant inlet

and outlet) is the use of two concentric tubes wherein the inner tube is used for coolant

inlet and the annular space between the inner and outer tubes is used for coolant outlet.

Connection of tubing to the landed payload occurs in the coolant umbilical connector at

the interface between the lander flotation shell and the separation shell adjacent to the

impact attenuator. Due to the separation sequence required for this hinder concept

during planetary entry, coolant tubing separation must be provided at the interfaces

shown in Fig. 5-11, namely, external to the impact attenuator and the heat shield.

For maximum reliability, coolant tubing separation should be executed at these inter-

faces shortly after terminal sterilization, with the disconnect or separation devices

being operated remotely. Disconnection of the coolant tubing external to the steriliza-

tion shield may be performed manually with standard quick-disconnect couplings
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HEAT SHIELD

STERILIZATION SHIELD

IMPACT ATTENUATOR

SEPARATION SHELL

FLOTATION SHELL

'LANDED SPHERE
SUPPORT RING

RE MOTE LY-ACTUATE D-
DISCONNECT COUPLINGS

MANUAL-DISCONNECT COUPLING

' STERILIZATION SHIELD

Fig. 5-11 Coolant Supply Line and Coolant Line Disconnect System
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providing that the disconnection between the heat shield and the sterilization shield in-

corporates a biological barrier (in the form of a self-sealing check valve, for example).

Figure 5-11 shows a linear coolant line path between the outer surface of the impact

attenuator and the landed payload sphere. In practice, coolant tubes may require

routing in a serpentine path or may be required to contain an offset or loop. Such a

nonlinear path would insure that the impact attenuation system would be relatively un-

affected by the incorporation of a poor energy absorbing material. The use of flexible

plastic tubing for coolant supply lines would allow for flexing of the coolant lines during

compression of the impact attenuator at planetary impact.

Since the design of components associated with the isolation system is directed toward

incurring minimum weight and volume penalties, the most economical form of coolant

supply would feature single coolant inlet and outlet tubes which supply coolant to the

interior of the landed payload, and which are then manifolded to supply coolant to indi-

vidual components.

The coolant lineumbilical connection and connections at separation interfaces require

the use of remotely actuated disconnect couplings. Two types of fluiddisconnect coup-

lingshave been investigated for the application: explosively actuated and electrically

actuated (solenoid)release couplings. The criteria for evaluation of these devices are

similar to those for the isolationsystem in general, and may be summarized by the

following listof desirable characteristics:

• Low weight and volume

• High reliability

• Sterilizability

• Capable of operation after exposure to terminal sterilizationenvironment

• Minimum interference with payload system operation

Explosively actuated release couplings generally impose smaller weight and volume

penalties than solenoid actuated couplings and may be designed to provide a positive
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metal-to-metal seal in the disconnected collant line which would form a highly effective

biological barrier. The reliability of explosively actuated release couplings may be en-

hanced over that of solenoid actuated couplings due to the use of non-metallic seals in

the latter. Conversely, the reliability of operations of the explosive charge in explosive

devices may be degraded by exposure to the sterilization environment. Manufacturers

of these devices claim, however, that they may be designed to operate reliably up to

300 ° F.

A limited investigation of the availability of suitable explosive and solenoid actuated

release couplings has shown that a variety of these devices are commercially available

in the small size required for this application; final selection of a specific device would

rely, of course, on qualification testing of candidate devices after exposure to the

sterilization environment.

5.2 INTERACTION BETWEEN THE PAYLOAD AND THERMAL ISOLATION SYSTEMS

The interaction between the isolation system and the lander payload system was evalua-

ted with the use of a thermal model of the combined systems. Thermal properties of

each isolated component, its associated coolant shield, and its attachments to the

adjacent lander structure were determined and integrated into a thermal analog of the

overall lander module.

Basic to the thermal analysis is the assumption that the lander thermal characteristics

can be described by a lumped parameter "thermal network." Using the idealized net-

work one considers temperature as a potential and thermal resistance as a branch

resistance between two nodes. Once such a network has been established for the major

heat flow paths within the lander the network characteristics are programmed into a

digital computer to obtain a solution for the network. The node allocations for the

network used, and a listing of the data inputs for the terminal sterilization case, are

presented in Appendix B.

The following sections describe the results of the computer thermal analyses and the

implications of these results for several phases in the life cycle of the lander.
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5.2.1 Dry Heat Terminal Sterilization

The analysis of the lander thermal response during terminal sterilization was directed

toward obtaining the transient temperature response of the lander components during

heating and cooling of the lander. This was accomplished by programming the steriliza-

tion shield temperature to simulate heating and cooling of the shield when exposed to

heating and cooling by forced convection from sterile nitrogen gas within the steriliza-

tion chamber. Heat is transferred between the sterilization shield and the internal

components by convection, conduction and radiation. In order to simulate the operation

of the differential thermal expansion connections between thermally isolated compon-

ents and their adjacent structure, a variation in conductive thermal resistance between

each of the isolated components and the structure to which they are attached was input

to the network. This variation was programmed to yield a large increase in the afore-

mentioned thermal resistance with an increase in connector temperature.

The results of the simulation are illustratedin Fig. 5-12 where the temperature response

of several lander components is shown as a function of time. The most significantre-

sultof the analysis is the length of time required to bring non-isolated lander compon-

ents up to the sterilizationtemperature even though an aluminum lander structure was

assumed. This is in contrast to the relatively short heating times required for the

configuration investigated in Ref. 5-5. Heating times for the referenced configuration

were on the order of 6 to 7 hours, whereas the heating times for the configuration

analyzed herein are approximately 10 times greater. The heat up time during terminal

sterilization can be shortened by activating the thermal control heaters incorporated

in this configuration for post-launch temperature control or by installing a small fan

inside the heat shield structure.

Another approach would be to heat thatportion of the lander exterior to the impact

attenuator to an initialtemperature higher than the selected sterilizationtemperature

(i.e., allowing the shield temperature to "overshoot" the desired sterilizationtempera-

ture for 2 or 3 hours) to facilitatemore rapid heating of the landed payload. This
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technique was not recommended in the studies reported in Ref. 5-5 for two reasons:

(i) because of possible overheating of components which are thermally well-coupled

to the sterilization shield, and (2) because of the possibility of local hot spots and

severe thermal gradients occurring at or near the interface between the sterilization

shield and the payload. The first of these possibilities may be evaluated only after

specific components and materials have been selected for a lander design; the second

possibility must also be evaluated for each lander design before final material specifica-

tions can be made. The foregoing considerations are discussed more fully in subsequent

sections.

Structural Requirements During Sterilization. Previous studies (Ref. 5-6) have dealt

with structural design considerations for a general lander structure which must under-

go a dry-heat terminal sterilization environment. These studies have considered only

major structural elements, rather than detailed design of components and instrument

mounting, and have shown that proper design for the sterilization environment requires

an increase in size and weight fl)r some structural elements. Many of the structural

materials which were investigated, if actually exposed to the sterilization environment,

would have undergone significant irreversible degradation.

For the present study, materials and structural elements associated with the isolation

system were selected with a view toward meeting the demands of the sterilization

environment. Thus, as shown in Table 5-1, the preferred material for the coolant

container would be a polyimide film ("H"-film). Also, due to the characteristics of

the thermal expansion joints between isolated components and the build, cads to which

they are mounted, no stresses are incurred due to differential expansion at these joints.

Additional areas which may suffer structural deformation due to thermal stresses or

differential thermal expansion are

• The bond between the heat shield and the entry vehicle forebody

• The solid propellant rocket grain

• Component mounting panels, bulldmads and spherical shell structures

• Explosively actuated fasteners, valves and pin-pullers
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Differential thermal expansion stresses in the bond between the heat shield and the

entry vehicle forebody have been evaluated in Ref. 5-5 for a heat shield in the shape

of a conical frustum. Application of a similar analysis to the present configuration

shows that an increase in bond thickness of O. 211 inches would be required so that the

bond will not fall in tension during terminal sterilization. This increase in bond

thickness represents an additional weight penalty of about 40 pounds for a typical bond-

ing material.

Depending on the shape of the solid propellant rocket grain, as well as the manner

in which it is restricted within the motor case, severe cracking or even gross fractures

of the propellant grain may occur at elevated temperatures. An early study of transient

temperature distribution and thermal stresses is presented in Ref. 5-7, wherein a

method of evaluating thermal stresses in hollow cylindrical grains is presented. The

results of this and similar studies point out the severity of thermal stress problems

in solid rocket motors and support the specification of the terminal sterilization environ-

ment as a major factor in the design of such motors. In addition to structural effects,

solid propellants and explosively actuated devices may be degraded by the high tempera-

ture sterilization environment. The adequacy of these components, after exposure to

the sterilization environment, must ultimately be evaluated on the basis of qualification

testing of individual components.

As pointed out in Ref. 5-5, the thermal distortion of flat panels and bulkheads is

normally not a serious problem since these elements, even though they may wrinkle

or buckle slightly, will return to nearly their original shape upon cooling. Thus,

unless they are used for mounting alignment sensitive components, thermal distortion

of these members appears to be a secondary problem. A more severe problem is that

associated with the expansion of gases within the sterilization shield during heating

and contraction of these gases upon cooling. In order to avoid structural damage to the

sterilization shield provisions for venting and replacing the gas must be made in the

design of the shield and of the sterilization facility.
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Effect of Isolation Devices on Adjacent Structure. During Phase II it was anticipated

that some areas of the lander structure adjacent to isolation devices might remain at

prohibitively low temperatures during terminal sterilization (so that these areas would

not be adequately sterilized). No such areas were detected using the (fairly detailed)

network described in Appendix B. The only portions of the lander which did not, in

fact, attain the sterilization temperature were the outer surface of the coolant shield

and a small portion of the differential thermal expansion connection.

Methods of insuring sterilization of coolant containers were discussed in Section 5.1.1,

and, as pointed out in Section 5.4.2, the sterility of the interior of the thermal expansion

joint may be insured by pre-sterilization of the component. In the earlier discussion of

coolant line connections it was recommended that coolant inlet and outlet lines be routed

in a serpentine path through the impact attenuator in order to preserve the function of

the crushable attenuator material. The proposed method of routing the coolant supply

lines would also allow relief for an increase in length during sterilization.

5.2.2 Launch and Planetary Impact

The design of isolation system components to withstand launch and planetary impact

must consider the structural adequacy of the coolant container (and any additional

removable isolation devices) and the connections between isolated components and their

adjacent structure. The structural integrity of coolant containers, when exposed to

launch vibration and launch acceleration forces, is greatly enhanced if a flexible film

material is used for these containers. The inherent low density of these materials

insures that relatively low body forces would be imposed on the container itself. In

addition a flexible container material may be rigidized after completion of terminal

sterilization. These rigidization can be accomplished in two ways: (1) by purging the

liquid coolant from the container and pressurizing it with an inert, sterile gas or (2),

by evacuating the container and causing it to conform to the surface of the component.

The first method has the advantage of insuring a positive pressure within the coolant

container and thus at the coolant line disconnect devices, insuring against contamination
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of the isolated lander components through leaks in the disconnect devices. It would also

provide a gaseous environment for temperature sensitive components throughout the

life of the lander thus aiding in post-launch thermal control of these components.

The structural adequacy of the differential expansion connections, which have been

proposed for isolated component mounting, may be assured by providing a sufficiently

large load carrying cross-section in the two parts of the device since at ordinary (room)

temperatures its structural behavior would be almost identical to that of a standard

bolted connector.

Since shock loading on individual components is a function of the natural frequencies of

each component, as well as the impact shock spectrum, an investigation of the structural

requirements of the isolation system during planetary impact requires a more detailed

specification of lander structure and component characteristics than is presently avail-

able. Due to the anticipated high impact levels anticipated for a Mars lander, they

should be included as an important part of any detailed design study for specific lander

configurations.

5.2.3 Earth-Mars Cruise

The equilibrium lander temperatures for the Earth-Mars transfer orbit were computed

using the previously described thermal analyzer network. The resultant temperatures

are shown in detailed print-outs in Appendix B and are summarized in Table 5-2 for

selected lander components. Temperatures shown in this table are steady-state

temperatures for the solar-oriented bus near Earth and near Mars. Since, in the cruise

phase, the lander is in the shadow of the bus (except for brief periods during injection,

acquisition and midcourse maneuvers) there is a steady decrease in lander temperatures

as it moves from Earth to Mars. Following the general provisions for thermal control

properties of the sterilization shield outlined in Ref. 5-1, it was found that all internal

payload package temperatures were maintained within the temperature limits of 40 ° F

to 100 ° F. These results, obtained with the inclusion of 20 watts of heater power, are

identical with those cited in Ref. 5-1, indicating no adverse effect of isolation system

components on thermal control during Earth-Mars transfer.
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Table 5-2

LANDER TEMPERATURES DURING CRUISE PHASE

Item

Gulliver Experiment Case

Thermal Control Fluid

Tape Recorder

Batteries

Insulation Shell

F lotation Fluid

Impact Attenuator

Entry Vehicle Forebody

Heat Shield

Afterbody

Sterilization Shield Forebody

Sterilization Shield Afterbody

Rocket Motor

Bus Structure

Near Earth (1)

Temperature, ° F

39.4

38.9

40.0

39.6

37.7

33.2

-16.5

-35.4

-34.6

-60.5

-11.7

-126.0

-32.6

-11.7

Near Mars (2)

Temperature, ° F

39.2

38.8

40.0

39.5

37.6

32.8

-19.6

-41.8

-41.6

-64.8

-38.0

-129.6

-41.3

-38.0

(1) Heater Power = 10 watts

(2) Heater Power = 20 watts
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5.2.4 Post-Landing

As described in Appendix B, a thermal analysis of the lander was performed from

impact, just prior to Martian dawn, to local noon. At the end of this 6 hour period

(the maximmn life of the power system considered) many internal component tempera-

tures had reached the upper package limit of 100 ° F. The temperatures of the isolated

components were, however, well below this upper limit at that time, as shown in

Table 5-3. This is attributed to the fact that the lander is being heated from the

time of impact until Martian noon and the isolated components tend to be shielded from

direct radiative exchange with adjacent lander structure during this period. Thus,

during the first six hours after landing, the isolation system appears to aid in lander

thermal control. For longer periods of time, gradients in the lander structure become

smaller and the internal components achieve a nearly uniform temperature.

Table 5-3

LANDER COMPONENT TEMPERATURES
SIX HOURS AFTER PLANETARY IMPACT

Isolated Components Temperature,

Gulliver Experiment Case 54.2
Detector Case 49.2
Metabolite 43.8
Tape Recorder 82.8
Battery I 79.9
Battery II 81.2
Battery HI 81.2
Battery IV 80.6

oF

Non-Isolated Components Temperature, °F

Exciter 103.6
Anemometer 103.1
Flotation Shell 123.1

Radome _02.2
Programmer 93.0
Horn Antenna 102.2
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5.3 INTERACTION WITH STERILIZATION FACILITY AND LANDER ASSEMBLY

SEQUENCE

5.3.1 Sterilization Facility Design Requirements

As pointed out earlier, the sterilization environment is a primary consideration for

material selection and structural design evaluation. This consideration must be

applied to the design of the sterilization chamber as well as the lander and thermal

isolation system components. In addition there are several requirements which are

imposed on the sterilization chamber and sterilization system design which arise as a

result of the implementation of a thermal isolation system.

Earlier studies (Refs. 5- 3 and 5- 8) have pointed outthe need, for example, for special

auxiliary sterilization facilities using gaseous ethylene oxide as a sterilant. This

requirement arises because terminal sterilization alone is not sufficient to reduce

biological contamination to desired levels without the use of intermediate cleaning

and sterilizing procedures. In order to maintain the isolation system at a low con-

taminant count prior to terminal sterilization, auxiliary facilities are required to pre-

sterilize both the coolant supply lines and the external surfaces of coolant containers

(unless the latter are of the doubled walled type described earlier). In addition to

providing a sterile coolant reservoir and pumping system, the following requirements

may be identified for the sterilization facility:

• Capability for circulation of hot nitrogen gas

• Capability for heating nitrogen to 300°F with feedback control from

sterilization shield and/or lander

• Provision for a source of high pressure sterilant to pressurize steriliza-

tion shield and coolant shields during cooldown portion of sterilization

cycle

• Provision for feedthroughs for gaseous and liquid flow and electrical

feedthroughs for control and heater systems

• Provisions for handling and mounting of payload and actuation of remote

disconnect devices
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The above considerations have been summarized in the schematic block diagram

shown in Fig. 5-13. These requirements are, of course, in addition to the general

requirement that the sterilization chamber must function as a high temperature pres-

sure vessel and must itself maintain a low level of contamination.

5.3.2 Payload Assembly and Sterilization Processing

Since isolated components may be easily maintained in their presterilized condition

(the coolant container acting as a contamination barrier), only normal clean room

handling and installation precautions need be observed during assembly of these

components into the lander. The major effect of the thermal isolation system on

payload processing occurs in conjunction with the terminal sterilization process

itself. The effect of the isolation system on the sequence of payload processing prior

to and during terminal sterilization has been inferred from data given in Ref. 5-5.

Figure 5-14 shows a proposed flow diagram of lander processing, where tasks

associated with the implementation of the isolation system have been integrated into

the sterilization sequence of operations.

5.4 DETAIL DESIGN OF ISOLATION DEVICES

The results of the thermal analyses described earlier have shown that the isolation

system components for the lander configuration analyzed will perform satisfactorily

throughout the sterilization cycle, during Earth-Mars transfer and Martian post-

landing operation.

Some general requirements can be identified which must be satisfied in the design of

isolation system components, namely:

• Materials must themselves be able to undergo dry heat sterilization, must

be compatible with auxiliary sterilants and cleaning fluids. They must also

be able to survive the space environment without prohibitive outgassing, de-

gradation, etc.

• Isolation system components must be designed to support launch acceleration

and vibration loads and should withstand normal handling environments.
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Further, more detailed requirements are imposed on specific components as outlined

below.

5.4.1 Coolant Shield and Auxiliary Isolation Mechanisms

Coolant shield construction and surface finish should provide a minimum of radiation

coupling to adjacent, non-isolated components so that rapid heating of these com-

ponents will be assured during terminal sterilization. The double-walled construction

of coolant containers, wherein coolant flows in the space adjacent to the component

and an inert gas remains in the outer space, will insure high outer surface tempera-

tures on the coolant container and minimize cooling of adjacent components. Coolant

shield construction for the isolation of individual life detection components may be

achieved by techniques similar to those outlined earlier.

The design of the coolant container for the life detection experiment (Fig. 5-4) was

based on completely isolating the "in situ" Gulliver configuration. This configuration,

shown in Fig. 5-15, is virtually a self-contained unit and is ejected on the Martian

surface after payload landing. In isolating portions of life detection experiments

which are contained in the lander during the post-landing phase, such as biological

nutrient solutions, the coolant container may again be of the double-walled type

so that nutrients are not affected by contact with the isolation coolant. In this case

special provisions must be made for the passage of tubing for sample collection

through the coolant container. These provisions would take the form of solenoid or

explosively actuated valves in the sample collection tube which would be normally

closed during sterilization and opened at the end of the sterilization cycle.

In order to examine the isolation of portions of components whose function requires

that they be unenclosed by a coolant container subsequent to sterilization, a brief

investigation of the design of a removable isolation device was performed. This

investigation was directed toward the design of a removable thermoelectric device

which would isolate the face plate of a vidicon tube. Similar designs may be con-

structed for other components where the area to be uncovered is on the order of 10 or

20 square centimeters. The details of the design procedure are given in Appendix B.
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The first design, shown in Fig. 5-16, features an explosively actuated pin puller.

During the sterilization cycle, the thermoelectric device is held against the fluid

circulation shield by rigid guide rails. Following the sterilization cycle, the pin

puller is remotely actuated moving the thermoelectric device into position free of the

vidicon tube face where it is locked into place by virture of the self-locking action of

the pin-puller. The second method, shown in Fig. 5-17, allows the thermoelectric

device to rotate by means of a remotely actuated servo-motor or coil spring, into

a stowage well where it is locked into place.

5.4.2 Auxiliary Sterilization and Ground Equipment Requirements

The ground equipment requirements associated with the operation of the isolation

system have been discussed in Section 5.3; however, provisions must be made for

certain auxiliary sterilization equipment to be used durhlg assembly of coolant con-

tainers to heat sensitive components. Since only a portion of the thermal expansion

joint connection will be exposed to the terminal sterilization environment, and since

the coolant container must be sterilized on its interior surface, an auxiliary dry-

heat sterilization facility should be provided within the component assembly area.

This facility may be a small oven with an attached glove box for handling for isola-

tion system components during assembly to their related lander components.

5.4.3 Weight, Volume and Reliability Penalties for the Thermal Isolation System

As a result of the design details presented earlier, an estimate of weight and volume

penalities of thermal isolation system components may be made. A breakdown of

these weight penalties is shovm in Table 5-4, for the lander configuration considered

in Section 5.1. These weight and volume requirements have been summarized for

all the isolated components in the lander; no penalties were attributed to thermal

expansion connections since they are approximately equivalent in weight and volume

to standard connectors. Inclusion of the thermal isolation system in this hmder

configuration represents an increase from 627.1 pounds to 636.6 p()unds in the

weight of the separated payload.
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Table 5-4

ISOLATION SYSTEM WEIGHT AND VOLUME REQUIREMENTS*

Item Weight, lb

4.78

1.92

2.80

TOTALS 9.50 85.4

*Weight and volume requirements shown are those associated only with
isolation equipment which remains with the lander after sterilization.

Coolant Containers

Coolant Tubing

Valves and Disconnect Devices

Volume, in 3

63.7

14.4

7.3

As indicated by the foregoing analyses, the interactions between the deactivated thermal

isolation system are virtually negligible for fluid circulation isolation systems. How-

ever, the operation of removable isolation devices may be a basic factor in the reli-

able operation of certain lander components. The extent of the effect of removable

isolation devices on over-all payload reliability is impossible to evaluate without

the specification of a specific experiment configuration. It is estimated, therefore,

that the only payload reliability degradation which may be incurred by installation

of thermal isolation devices would be referenced to operation of a few easily identified

components, and the reliable operation of these components and their associated

isolation devices may be verified immediately after the terminal sterilization cycle.

5.5 CONCLUSIONS- PHASE IH

1. Flexible film materials appear to be a logical choice for coolant containers.

2. Flexible film coolant containers used for thermal isolation have no adverse

effect on thermal control during the Earth-Mars transfer orbit.

3. The coolant shield can also act as a biological barrier for the isolated

component during the last stages of assembly.

4. A small dry-heat sterilization chamber should be available in the component

assembly area for presterilizing isolation system component parts.
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5. Non-isolated components adjacent to those that are isolated can be made to

reach the sterilization temperatures if proper attention is paid to conduction

limiting connections and proper surface finishes.

6. Heat transfer by conduction between the isolated component and adjacent

structure can be minimized by taking advantage of the differential thermal

expansion of different metals when designing the supporting mechanism.

7. Differential thermal expansion between various structural materials results

in a weight penalty to provide the strength needed.

8. Auxiliary facilities are required to presterilize the coolant supply lines and

the external surfaces of coolant containers.

9. The sterilization facility itself must be maintained at the low level of con-

tamination specified for the assembly rooms.

10. Lengthy heat up times will be required for lander designs where the payload

is completely enclosed in a layer of crushable materials.

11. Internal circulation fans within the lander sterilization shield will shorten

the time required to reach temperature stabilization.

12. The spacecraft should be vented during sterilization to relieve the pressure

buildup. During cool down sterile gas must be added to maintain a positive

pressure within the sterilization shield surrounding the spacecraft.

13. Coolant containers should be evacuated after sterilization and then filled

with an inert sterile gas.

14. Thermoelectric devices can be used for isolating small areas that must be

later exposed for normal operation.

15. The thermal isolation system aids in landed payload thermal control on the

Martian surface.

16. Thermal isolation system effects on reliability are confined to a small

number of components whose integrity can be established by suitable tests.

17. The weight and volume penalties for the isolation system analyzed are

9.50 pounds and 85.4 cubic inches respectively.
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Appendix A

BASIC HEAT TRANSFER AND THERMOELECTRIC EQUATION DEVELOPMENT

This appendix provides a summary of calculations which were omitted from the main

body of the report but which provide additional insight into the physical processes

involved in the application of various thermal isolation techniques.

A. 1 CONVECTIVE HEAT TRANSFER TO NON-ISOLATED COMPONENTS

In the following section relations are developed for several component shapes to allow

the calculation of natural convection heat transfer to the component in question.

A. 1.1 Cubical Volumes

Following a procedure similar to that outlined in Ref. 3-:12, we establish a character-

istic length L* given by

1 1 1 2
L--_ = + - (A. 1)

LCUBE LCUBE LCUBE

where LCUBE is the length of one side of the cubical volume. The arithmetic mean

gas temperature is taken as

293 + T.
- J (A. 2)T = 2

The product of the Grashof and Prandtl numbers for nitrogen is

1 [A(293 - T.) L31 Pr(Gr Pr)CUB E = _ J (A. 3)
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where

A = p2 K8/#2

and Pr are evaluated for nitrogen at the mean temperature T. For values of T

between 50°F and 400°F, the Prandtl number is virtually constant,

(Pr)N2 = 0.71

thus, for a cube whose sides have length LCUBE

3
(Gr Pr)CUBE = 0.0887 ALcuBE (293 - T.) (A.4)]

where the value of A is plotted as a function of Tj in Fig. 3-1, as well as the value

of the thermal conductivity of nitrogen. Also, for a cube, the Nusselt number is

E L* h LCUBE

(NU)cuBE - Kf 2 kf (A. 5)

So that,

I 2Kf(NU)CUBE[ 2 ,QCUBE)uN P LCUBE= 6 LCUBE (293 - TCUBE )l

or

) = 12 Kf (Nu)cuB E (293 - TCUBE )QCUBE UNP LCUBE
(A.6)
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where ( NU)cuB E is determined from the relation

( NU)cuB E = _b (Grl>r)CUB E (A. 7)

A. 1.2 Sperical Volumes

For spheres, L* = DSPHERE/2, where DSPHERE is the diameter of the sphere;

therefore

(GrPr)SPHER E = 0.0887 ADsPHERE (293 - TSPHERE ) (A.8)

(Nu )SPHERE

DSPHERE

2Kf
(A.9) !,.

and

QsPHERE) UNP

2 Kf( NU)sPHER E

DSPHERE

2
(vDsPHERE )(293 - TSPHERE )

or

QsPHERE)uNP = 27rKf DSPHERE(NU)sPHER E (293 - TSPHERE ) (A.10)

A. I.3 Long (L/D > 5 ) Horizontal Cylinders

For horizontal cylindrical volumes (length to diameter ratio greater than 5), the charac-

teristic length is the diameter, DCy L, so that
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3 (293(GrPr)CYL = 0.71ADcy L - TCYL) (A. 11)

(NU)cy L = hDcYL/K f (A. 12)

and

Kf

(QuNP)cYL - Dcy L (Nu)cYL_Dcy L LCy L (293 - TCy L)

or

QuNP)cy L = _Kf LCy L(Nu)CYL (293 - TCYL)
(A_ 13

A. 1.4 Short Horizontal or Vertical Cylinders

The characteristic length is

1 1

L* - LCy L

1
+m

DCYL

or

L, :[CYL

L
CYL

(A. 14)

so that

(GrPr)cYL = 0.71A

L 3

CYL
3 (293 - TCYL)

(A. 15)
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LCy L
(A. 16)

and

K [I+ )CyL]
D2yL ) (293-(NU)cYL (_Dcy L LCy L + _ TCYL)

(A. 17)

A. I° 5 Long Vertical Cylinders

For long vertical cylinders, the characteristic length is the height of the cylinder

I L* = HCy L (A. 18)

i so that

(GrPr)cy L = 0.71A4y L(293- TCYL)

(NU)cYL = hLcy L Kf (A.20)

and

- ( Nu)cYL ( _ DcYLHcYL) ( 293 - TCYL)
HCYL

or
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(A.21)

where (Nu)cYL is now evaluated from

(NU)cYL = 0.555 (Gr pr) l/4CYL (A.22)

A. 2 SUMMARY OF RELATIONS FOR FLUID CIRCULATION COOLING

Assuming a cubical component enclosed in a cubical shield, as shown below,

Component---_

I

i
I

D

Fluid
Out
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an energy balance on the fluid gives

(A. 23)

The heat transferred from the hot sterilization gas to the shield is

QS

AS(293 S)I25
4 °-27

(A. 24)

The heat transferred from the shield to the coolant fluid is

= AS (Ts - Tb)hsf
(A. 25)

where

Tfi N + TfMAX

Tb = 2

The Pohlhausen relationship for laminar coolant flow is

2 Wf Cpf

hsf 3 A R 1/2 Pr1/2
a

(A. 26)

where A is the annular cross-section area for coolant flow.
a

A.3 FEASIBILITY ANALYSIS OF THERMOELECTRIC COOLING

The following sections contain a development of the fundamental relations used for the

analyses of thermoelectric cooling devices, as well as a specification of the thermoelectric
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material properties used in obtaining the numerical results, a sample calculation

using the analysis presented in Section 3.7, and an alternate, but complex, method of

analysis whose results substantiate those given in Section 3.7.

A. 3.1 Basic Relations for Analysis of Thermoelectric Cooling

The following analysis is based on a single p-n couple; therefore, the total voltage and

heat rates for a given system are found by multiplying the equations given below by the

number of p-n couples used.

The voltage required to produce a current flow through the couple is given by

V = c_AT + IR (A.27)

The power (or heat) input to the couple is found by multiplying Eq° (A. 27) by the

current input:

PIN = QIN = I(_AT + 12R (A.28)

The net heat absorbed by the couple at the cold junction and the heat rejected at the

hot junction are given by

1 12
QC = I _T C - K_T - _ R (A. 29)

and

1 12
QH = I_T H - K AT + _ R (A. 30)
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where

I_n I + I_p I -- Seebeck Coefficient, Volts/°K

I = Input Current, Amperes

T C

T H

K

A A A I

+ K + KI = K _-_+ K L---_+ KIWIKn p n n P p

R = R +R
n p

= Thermal Conductance, Watts/° K

L L
n p

= pn_-- + PpA
n p

= Electrical Resistance, Ohms

= Cold Junction Temperature, °K

--- Hot Junction Temperature, °K

AT = T H -TC, °K

In Eq. (A. 28), I _ AT represents the power consumed in producing the Seebeck effect

_AT, and 12 R represents the power consumed in moving the current I through the

resistance R, (Joule heating). It is assumed that the Joule heat is distributed evenly

between the hot and cold junctions. In Eqs. (A. 29) and (A. 30), I_ T C and I_T H is

the Peltier heat absorbed and rejected, respectively, K_T is the heat leak through

the thermoelectric pellets and surrounding insulation from the hot side, and 1/2 I2R

is the Joule heat at the cold and hot junctions.

If Eq. (A. 29) is solved for AT,

1 12
Ic_T C - _ R - QC

AT = K (A. 31)

it is seen that for a given input current, the maximum value of AT is obtained for

QC = 0.

A-9

LOCKHEED MISSILES & SPACE COMPANY



M-92-66-1

The current which produces a maximum AT is termed the optimum current Iop T ,

and may be found by setting QC = 0, holding T C constant, and differentiating

Eq. (A. 31) with respect to I, giving

_T C
IOPT - R (A. 32)

The maximum temperature differential may then be found by substituting the optimum

current into Eq. (A. 31) with QC = 0, giving

2 2
1 _ TC

_TMAx - 2 RK (A. 33)

ATMA X may also be expressed as

1 Z 2 (A. 34)ATMA X = _ TC

where

2
Z = L (A. 35)

RK

is the thermoelectric figure of merit.

It is seen from Eq. (A. 29) that for a given input current, the heat absorbed is a maxi-

mum for AT = 0. The current producing (QC)MAX may be found by setting

AT = 0 and differentiating Eq. (A 29) with respect to I, giving

c_T C
I/_) _ = IOPT - R (A.36)

_-_]C MAX
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The maximum heat absorbed may then be found by substituting IOp T into Eq. (A. 29)

giving

2 2

( ) - 1_ TC
QC MAX 2 R KAT (A. 37)

Combining Eqs. (A. 33) and (A. 37), we find that

( /(QC)MA x : K (ATMA x - AT) = KATMA x 1 - ATMA x (A. 3 S)

Similarly, substituting Iop T into Eqs. (A. 28) and (A. 30) and combining with Eq. (A. 33)

give s

T H
= 2K ATMA x% (A. 39)

and

L TH(QH PT : 2K'_cc ATMAX + K(ATMAx - AT) (A. 40)

A. 3.2 Typical Material Parameters

Thermoelectric material properties used in obtaining numerical results were as follows:

[a nl = [_p I = 175 ×10 -6volts/*K

K = K = K = 0.0115 watts/cm°K
n p

P = Pn = Pp = 0. 001ohm-cm

KI = 0.00026 watts/cm*K
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PCu = 8.94 gm/cm 3

PI = 0.15 gm/cm 3

Pn = Pp 8.0 gm/cm 3

The thermoelectric material figure of merit, based on the value of _, K, and p

given above is

Z = 2.66 x 10-3 °K-I

A.3.3 Sample Calculations

Assume the following values for a component to be protected:

Geometry: cube

Dimensions: Length per side = 1 ft = 30.48 cm

* = 0.5ftCharacteristic length = L S

Weight:

Upper Temperature Limit:

Volume

W S

T C

= V_ = 1 ft 3 =

= 100 lb = 45360 gm

= 200OF = 366°K

3
28,320 cm

= 15.24 cm

From Fig. 3-18: Xop T = 31

From Fig. 3-16at X = 31: ,,(TH)op T

From Fig. 3-19 at L S = 15.24 cm:

= 471"K'(ATMAX)oPT = 105"K

LMI N = 6.4cm, L S = 21.6cm
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Foracube, A S = 6(L) 2 and V S = (L) 3, where L = 2Ls

2
Total area exposed to sterilization gas = A S = 11,200 cm

3
Total volume = V S = 81,000 cm

From X = 31 and A S = 11,200 cm 2-

2
Thermoelectric pellet area = 350 cm

2
Insulation area -- 10,850 cm

From L = 6.4 cm and above areas:

3
Thermoelectric pellet volume = 1,650 cm

3
Insulation volume = 51,050 cm

From volumes calculated above and densities listed in Ao3.2:

Thermoelectric pellet weight = 13,200 gm = 29.1 lb

Insulation weight = 7,670 gm --- 16.9 lb

Assuming the amount of copper utilized is approximately equivalent to 1/32 in. cover-

ing outside surface area:

Copper weight = 7,960 gm =

Total weight of thermoelectric unit

Total weight of system consisting
of a component surrounded by a

thermoelectric unit

= WT/E

17.6 lb

= 63.6 lb

= W S = W S + WT/E = 163.61b
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From definitions of weight and volume measures given in Section 3

W S V S

_?W - W S 0.612 , _?V V s 0.350

Selecting n = 60 couples = 10 couples per side:

From Eq. 3.46 (Section 3)

Cross-sectional area per pellet
2

= A = 2.92 cm

From Eqs. (A. 27) and (A. 28)

Voltage required = V =

Operating current =Iop T

9.90 volts

= 29.2 Amperes

From Eqs. (A. 30) and (A. 33)

Convective heat transfer rate, QS ' is equal to the heat rejected

QH' i.e., QS = QH = 290 watts

A. 3.4 Alternative Method of Analysis

The basic equations shown in Section A. 3.1 apply to the alternative method of analysis

with the exception of the definition of thermal conductance, K. The thermoelectric

heat pump model analyzed in Section A. 3.1 consisted of two dissimilar thermoelectric

pellets surrounded by insulation, whereas the alternative method is based on a model

consisting of thermoelectric pellets alone. The definition of thermal conductance is

now given by

K = K n + Kp (A. 41)
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For total thermoelectric pellet and insulation cross-sectional areas and lengths equal,

i.e., 2nA = nA I and L = L I , the heat leak through the insulation from hot to cold

side is given by

A
QL = 2nLKI(TH - TC) (A. 42)

which for a constant component temperature, is equal to the heat absorbed at the cold

junction, QC " Combining Eqs. (A. 29) and (A. 42) yields:

T H = T C + C 1T C_I - C 2 I (A. 43)

or

]1/2L 2 _ C5 _ TC)I_ = C 3 T C • C 4 T C (T H (A. 44)

Substituting Eq. (A. 43) in Eq. (A. 30) gives

[QH = C 6 T C I + C 7 T C_ + C 8_, - C 9 I n
(A. 45)

A relationship between the convective heat transfer rate, QS ' by the sterilization gas

and the heat pump parameters L/A I is determined by plotting, QS, [Eq. (A. 40)] and

L/A I [Eq. (A. 44)], vs. the hot junction temperature, T H , for several values of the

cold junction (or component) temperature TC .

The intersection of curves for QS and QH plotted vs. L/A I now represent solutions

giving thermoelectric heat pump parameters such that the heat rejected would be

removed by natural convection while maintaining a constant component temperature

T C . The obvious drawback to this analysis is the number of variables (I, L, A, A S ,
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n and TC) involved. Separate plots of QS and QH versus (L/A) must be made

for the full range of each variable, and possible solutions evaluated. This has been

done for a limited number of cases, and a sample plot is shown in Fig. A-1. The

intersection of the curves for QS and QH for parameters listed on the figure occurs

atavalue of L = 8.63 in. = 21.9 cm.

The method of analysis discussed above preceded that given in Section 3.7 and the

choice of simplifying the analysis by assuming equal insulation and thermoelectric

pellet areas (equivalent to X = 1 in Section 3.7) was therefore made before the

significance of a specific ratio, XOp T for LMI N corresponding to a specific

component temperature was apparent. This can be illustrated for the operation with

I = Iop T from Fig. 3-18, when the value of X corresponding to a minimum L is

31 for a component temperature of 200°F. In view of this, the large value of L

determined in the example given above is not surprising.
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Fig. A-1 Heat Rejected and Convective Heat Transfer Rate vs. Thermoelectric
Pellet Length-Area Ratio
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Appendix B

PHASE HI ANALYTICAL OPERATIONS

B. 1 COMPUTER THERMAL ANALYSES

Using the lander configuration illustrated in Figs. 5-1 through 5-6, a thermal model

was constructed for use in the network thermal analyzer program described in

Ref. B-1. The node allocation for the network is shown in Table B-1. Nodes 101 and

102 represent the sterilization canister; nodes 103 and 104 represent the bus struc-

ture. The nodes representing the bus structure were active only during the cruise

phases of the analyses. Separate computer runs were made for the following cases:

• Dry Heat Terminal Sterilization

• Near Earth Cruise Phase

• Near Mars Cruise Phase

• Mars Post-Landing Phase

The analyses of the lander thermal response were directed toward obtaining the tran-

sient response of the structure for heatup and cooldown periods during terminal steri-

lization. This was accomplished by subjecting the nodes representing the steriliza-

tion canister to a programmed temperature rise to 293 ° F. After all non-isolated

lander components had reached 293°F (as determined by a test in the computer program)

the canister temperature was decreased to 70 ° F. The significant computer results

for the sterilization case were presented in Fig. 5-12. A listing of computer input

data for this case is shown in Fig. B-1.

Computer output listings for the near-Earth and near-Mars portions of the cruise

phase are shown in Figs. B-2 and B-3. Since these environments produce almost

equilibrium temperature distributions in the lander, only results for a single time

during each portion of the cruise phase are shown.
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Table B- 1

NODE ALLOCATION FOR VOYAGER-LANDER NETWORK

Node No.

1

2

3

4

5

6

7

8

9

10

11

12

13

14

15

16

17

18

19

20

21

22

23

24

25

26

27

28

Item

S-Band Horn Antenna

Antenna Mounting Flange

Accelerometers

Upper Accelerometer Flange

Lower Accelerometer Flange

Center Column, Upper

Center Column, Intermediate

Center Column, Lower

Forward Ring

Bulkhead 1

Bulkhead 2

Bulkhead 3

Bulkhead 4

Bulkhead 5

Bulkhead 6

Bulkhead 7

Structural Payload Sphere - Segment J

Bulkhead 8

Bulkhead 9

Bulkhead 10

Bulkhead 11

Bulkhead 12

Bulkhead 13

Structural Payload Sphere - Segment H

Bulkhead 14

Bulkhead 15

Bulkhead 16

Bulkhead 17
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Node No.

29

30

31

32

33

34

35

36

37

38

39

40

41

42

43

44

45

46

47

48

49

50

51

52

53

54

55

Table B-1 (Continued)

Item

Bulkhead 18

Bulkhead 19

Structural Payload Sphere - Segment G

Bulkhead 20

Bulkhead 21

Bulkhead 22

Bulkhead 23

Umbilical Receptable

Radome

Structural Payload Sphere- Segment F

Coolant Umbilical

Anemometer I

Anemometer Mortar I

Anemometer Mortar Mount I

Gas Generator I

Anemometer II

Anemometer Mortar II

Anemometer Mortar Mount II

Gas Generator II

Thermal Control Fluid 1

Life Detection Experiment Coolant Container

Gulliver Experiment Case ("In Situ" Design)

Detector Case

l>re-Amplifier

Metabolite Container

1Not included in thermal network during terminal sterilization.
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Node No.

56

57

58

59

60

61

62

63

64

65

66

67

68

69

70

71

72

73

74

75

76

77

78

79

80

81

82

Table B-1 (Continued)

Item

Metabolite

Geiger-Muller Tube

Exciter

Power Amplifier I

Power Amplifier II

Power Amplifier In"

Power Amplifier IV

Pressure Sensor

Data Handling I

Tape Recorder

Tape Recorder Coolant Container

Data Handling II

Programmer I

Programmer II

Battery I

Battery II

Battery III

Battery IV

Battery Coolant Container I

Battery Coolant Container II

Battery Coolant Container III

Battery Coolant Container IV

Insulation Shell

Caging and Electrical Umbilical Mechanism

Flotation Fluid

Flotation Shell

Separation Shell 2

2Not included in thermal network for Martian Post-Landed phase.

B-4

LOCKHEED MISSILES & SPACE COMPANY



M-92-66-1

Node No.

83

84

85

86

87

88

89

9O

91

92

93

94

95

96

97

98

99

100

101

102

103

104

Table B-1 (Continued)

Item

Impact Attenuator 2

Descent Antenna 2

Landed Sphere Support Ring 2

Temperature Sensors (3) 2

Pressure Transducer 12

Pressure Transducers II (2) 2

Pre- Entry Exciter 2

Pre-Entry Power Amplifier 2

Pre-Entry Slot Antenna 2

Multi-Channel Radiometer 2

Descent Power Amplifier 2

Descent Exciter 2

Entry Vehicle Forebody 2

Rocket Motor 2

Main Chute System 2

Drogue Chute System 2

Afterbody 2

Heat Shield 2

Sterilization Shield Afterbody 2

Sterilization Shield Forebody 2

Bus Structure 2, 3

Solar Panels (Backface) 2, 3

2Not included in thermal network for Martian Post-Landed phase.

3Not included in thermal network during terminal sterilization.
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Fig. B-1 Thermal Analyzer Input Data Listing for Terminal

Sterilization Analysis
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UEL 70tZT_lltiuO.

0£C /l,Z7,_lt_UU.

b_C 15,2d,7)3UU.

u_C 74t28tll_lUv.

DL_ 7_dw31t3O_.

OEC 70,Zo,12,1UO.

U_C 19,Z_IdL,JCO.

u_C _0,29,12,10u.

DEC _Iw3_,7,_dOo

.o_C _%,_u,.l._tlO0._ ...............

_EC 8u_32,b,ZO0.

D£C _b_32_3_200.

DEC 91_3_iZ_I0_o

O£C 9Z_J3_3_2OU.
_ D_ 9313JI3b,ICo+

D£C 9_tlZ_lO0.

U£C 97,J4t30_lGO.

b_C 9b_J_d_ZSu.

_ D_C 99_12,I00 .....

_L iOJlJ_U_2_O.

D_6 lVL,JO_3_23D.

DLC 10o,0o,3_,20_.

O&C lUot_7_it/UUo

DLC lid,42tlOtzbO.

UtC ii/,_l,SZ,b.O_+07

OLL lld_2t53,Z_udC.

_k_ llg,5_,b_t2_C_O.

D_L /20,_,5_,200.30.

ULC IZ_tDJlD7tiO+C+.

O_C 123,_8,21,100_.

D_ 13_,octo_t3.0e+OI

DeC l_otTbtllt3,0E÷ul

O_L I_1:70_7Z,3.0_+07

Okb I#gtIS,UO,205.

UEC 13Z,o/,SZ, IDoO.

Oe_ 155tO31d_tZO0o

Fig. B-1 (Cont.)
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uLC 159,95,_9,200.

DhC l_/w_,91_Sb.

_eC 16Z,gD_9Z,DO.

utC Io_,b5_9_2C0.

DLC lop,gb,lO_vluO.

OhL £O/,_sloo_50.

uLC lo_95v99_?20U.

DL_ 170,98_99,3U0.

DEC 171t99,101_I0¢_00.

D£L I?Z_IOO_IU2,1OOUO.

DEC 179,bZ,/5,50.

DEC _80,_Z_Z_,DU.

..... _£_ 181,o_,Z_,b u. ....................

DEU 183,(U,}B,bO.

U£C I_70,3_,DG.

0£6 185,71_53_50.

_£L 18o,71_3W,bu.

beg ld_,lg,5_,_U.

_EC Ibg,_5_Z,bU.

D_C WOU,9_,III,7.78E-B " CONVECTION RESISTORS

Oh_ 40i,111,IUI,.78£-5 CuNVECIION RESISTORS

.... Q_ _Og_lg._*IIZ,I .................. CONVECIIUN RESISTORS

U£C 40},I12,102,I. CONVECIIuN R£SISTURS

8£6 _0W,09o_I13,1. CONVECIION RESISTORS

...._._C 4_5,11_,192,1 ....... CONVECTION RESISTORS

D£& _Uo,83_ll_,l.OE6 CONVECTION RESISTORS

INC l,l,O,O.,Ib CONVECTION RESISTORS

___DE&__U_,Ig,ZO,_U ........................................

DeC 501,2_,Zl,oOO.

DEC 5UZ,2Z_23_600.

_ DEG 5u3_23,2_00.

OhC 50D,3U_2b,bO_.

....._#_ >Oot_ZO, IZOG .................................................

DE6 DO7,20,Z7,_GO.

D_C 5_2_28_60U.

....._b_ ............

D£_ 1,0.39

D=C Z,O.

__ _£& 5,O.Z_ ..................................

O_C _,0.

O_ 5,U.

_E_ .o, • 99 ........

O£_ 7,.7Z

O_C 8,._

____D_L._.,/L.. ..........................................................................

DEC I0, 1.5

OhC 11,2._o

....._L._IZ._,/ ..............................................

DEC 15,0.

DEC 17,._

........DE___Iil,,O ........................................................................

DEC 19,._

OtC ZO,.8_

.... D_L 21,=_ __

OLC Z2,._

DEC 25,.8_

Fig. B-I (Cont.)
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D_.C vltl°26

OLt: 29_l°ua

O_.t. 31t.7_

D_.C -_2t d .u

DLt _l_O.Z

ULL 39,0.

D__C '+2,. 2 1
Di-(. _7..Z7

Ot:C 5i:, O._,

O,-L :_o,,L°_,C,

U.-L o,+.O.IG

OEC oo 0._0

D_C 7_.u.24

_CL 75 ,_.,ZI ......
UEC 7o,U.21

_L. 77,L;.Z2

U_L 7,B u._

DLL _;d .152

b',_-I. bl __.::):)........

u_-t+ b_ O°'J

Ol-_ O_ 31.3

Dl_C 04 0.3_

DEC _o ._

_I:(.. 0-[, .Z_ ..........

uFC _9,6.9

,D_C. 91.._,

D{:6 92,°'+

.... g_L 93,1.ou ...............
DEC 9Q,O.W

. D_ 9o, 5 ......

U_L 97.5°

+O_L _9,3 ...........

oEL i+J,Z+.2

DEC Iii,0.

uLL I_Z,eU

..... N_ ....

OkC 6.,70.

.... 01___7_50.,2_ .........................................
DbC 7ZOO.,2+u.

UtC l_u.t_93-

_ OkC 2io_.,g93. ........................

O_L 219OUU.,/U.

OEt b_OOgO°,70.

_£J. u. ...............

O_C -1

b_C 2

DEL -ZOO._bO.

Fig. B-1 (Cont.)
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OLL IUO._bG.

D£L 3uu.,l.uk÷06

....... _EG OOu.,!.OE_QO .......................................................
DEL O.

UEC -g

........D_K.__9.......................................................................

.... DEL .0 ..................
INC 0,80
'ULC .UuOl

..... uEc z_o._o_........................... _0K__ ..........................
DEC 2IoOuO. 50K8o

DhC 300.0 50K87

D£C Z92.99 .......... 50K88 _ . _
o£C _0. 50K89

D_C 500° 50K90

DEC -5 9 ..............................................................
......oEc _t

0kC -25b.1440_°5

u_C -aI.,_950, .....
DEC -Io.,_925.

DEC -9.t103_0.

__ULC ._, 14ZOV. ..........................................

_C O°,i.£1U

...... OhC I.,11_50, ..........................
DEL 4.,I_200.

DLC _.,iU300.

..... O__¢__L_9_b, .....................................................
UhC _l.,b_O.

DLC Zbo.t4_oZ.5

_ UEu u .......
DhC -_I

N_K

....._V__.I_, I_ ......................................................
CF_ T_Z,T41

CFR T4Z,T43

_ _ CFR T4Z,T_ ......................

CFr _&TtT45

CFk I_7,T_o

.......¢Fg__.l._l,[4__ .........................................................

CFR T_7,(_

CF_ T_9_T59

.... CEK [la,[bO .............

CF_ TZO,TOI

CFK TZS,T02

.....£Eg I3O,I_Z ................................................
CFH l2otTO9

T_W IZOtSOK85,5 AO01

TSW .50KS_,ToOt_o8 ................. AO02 .....
CVk 5u_aT,5oK_5 AO03

GFR 5uKbb,Ml AOO_

___3£I__5_0K._.I_ .....A0_5_ ......
INC U,i,ll3 AO08
£FR _bKSg,bOKgO AO07

____,_D_ £iz_,T03,bUKJ .................. _OOi__ _

INC 0,1,1,i0 5032

LI_ 5JK_tR4.btSl

...... INC l,l,_,lO ..................................

CbK DoKZ,R_I_ 5007

&U_ ]99,TI/I,SUKWG 5100

. aLL_ ]LL1,TLOL_S&_W1 ........................... 5101
SOo TloO,Tl/2,_ k2 5102

5U_ TiiZiTlU2eb_.,ffJ 5103

SU_ lgo,Tll_,SOK4_ 5104

Fig. B-I (Cont.)
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LIN T_4,_lo7,Z

......_.D 2_i_ul,uZ,_.Zb_- _ ................

aa_ 2_3,uzt_6,_.Z_E- 5

RAD 2_0vUo_ll_b.2_- 5

.. RAD Z11,o,2_,.I_ ..........

RAU 21Z,Ob,b_,_°l_E-- 4

KAD _IbvO7,o_,0.1OE- 4

. KAb_Z17_T_Ob_O.lut- _ ......

.... _Ab____9_.7_,C..I_-_ _ .....................

K_U 2Z4,42,13,.ZE-4

Rab 2Z_,47,I_,.2_-4

kAU ZZd,47,10,._E-4

_AD Z4Z,51,Zb,O.ZbE- 4

RaU 245,51,17,C. I0b- 4

_AU Z_Sv_4,b2,O.25E- 5

KAD 24o,D4,bS,C.13E- 5

HA_ 24_,58,21,G.ZSE- 4

KAD 2_,Sb,22,0.25E-
______I_E_Z.___IO_J_._- _ .....

aAO 2)Z,Sb,II,C.lS_-

HAU Z>5,Z_,Ig,.ZE-4

KAU Z_o,IO,19,.2E-_

........._ai___ZS_L,31,19_..2_ ___

KAD Zb_,ZI,20,.2_-4

_AD ZOO,Z4,ZO,.ZE-4

_ __gAb _I_I6,ZG_.IE-i .............

KAU ZoZ,iI,IO,.2_-_

KA_ 20_vZZ_Z_.ZE-4

RAD 2oQ,L_.Z3..2E--_

Fig. B-1 (Cont.)
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Fig. B-1 (Cont.)
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KaU _J6,_tg_t_.2UL- Z

KAO J_6ot_t_ )_- 4

KA+ J39_o_,_gf6.1Uh- 3

KAU 3_0,cT,_,0.1uE- 4

RAU _41t_Tt85tO.IoE-

_Ab b4Zt_wO.2UE- 4

KAD J_,_B,_)t0.2dL- 4

Kau 34+l+S_9+tu.7UE- 4
RAU ++++++_uJ_+.7+_-- +

_AO 3+7,gu,U3,+.dOE- 4_

RA_ 5)2,95,d_,loOTbE-_

KAU _t95_99_1.075_--4
Rab 3)+,l+b,go,.Z77E-4

_AU 365_IO2_9o,.277E-_

NAD +bo,57_+9,b.+dE- 3

_AJ _b6,97,_3,C.40r- 3

_Au _63,99_IUI,Z.zlE-3

_EC fi,I+,lT,Ib,T9

_C T_7,13b,i_9,T_O

GE_ l_3_l_b_T48_Tbu

O_u l_l,152,153,l_,155,lS+,157

I_C 7,7,7,¥,7,7,7,6

b_C I/uO,IIGI,II_Z,II03,TI04

_ u_C Tlil ...........

_K E,',_ UuIPuI _LOCK

_C _.,O.,bOOOOO,,LO00.,O.

U_b O._.BO_IUO._O._I.

Nb_

_750 _O,tG$ OF SIOKA+} HAVE GELN USED.

Fig. B-1 (Cont.)
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A listing of lander temperatures during the first 6 hours after planetary impact, from

Martian dawn to local noon, is included as Fig. B-4. In addition to solar radiation and

conduction from the Martian surface, the effects of convection from an atmosphere

having an eleven (Ii) millibar surface pressure have been included. Basic input data

are shown in Figs. B-5 and B-6.

B.i.I References

Bible, A. E., et al., "Thermal Analyzer Control System for IBM 709-7090-7094

Computer-Engineering Utilization Manual," LMSC 3-56-65-8, Lockheed Missiles &

Space Co., Sunnyvale, Calif., 1 September 1965.

B. 2 REMOVABLE THERMOELECTRIC HEAT SHIELD

The following sections relate the mathematical development of a method for achieving

thermal isolation of small areas using thermoelectric cooling devices. A thermo-

electric device can be used where the protected component function necessitates re-

mvong a portion of the thermal isolation hardware following terminal sterilization.

This analysis utilizes the basic relations presented in Appendix A and is similar to

the general analysis of Section 3.7. The primary difference is concerned with the

heat rejection surface configuration.

Application of this method in thermally isolating a vidicon tube face is discussed in

Section 5.4.2.

B. 2.1 Heat Rejection Requirements

It has been assumed that the heat rejection surface for the small areas under con-

sideration are planes oriented vertically during terminal sterilization. As noted in

Section 3.7.2, natural convection heat transfer has been assumed as the primary

means of removing heat rejected by the thermoelectric unit to the sterilization gas.
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The Nusselt number (Nu) for natural convection heat transfer between a fluid and

short vertical planes in a laminar regime is given by Ref. 3-14 as

Nuf = 0.591Gr fPrf10.25

where all properties are evaluated at the film temperature.

and atmospheric pressure, Eq. (B. 1) reduces to

h = 0.29
C

(B. 1)

At ordinary temperature

(__T/0.25 = 0.29 (TH - 29310"2525

\ p/ (Lp) 0"

Equation (B. 2) deviates less than 10% from Eq. (B. 1) for the temperatures involved

during sterilization and is considered adequate for this analysis. (See Fig. B-7).

The natural convection heat transfer rate, Qs(BTU/Hr), is given by

QS = hCoNvAs(TH - 293)

which, after substitution of Eq. (B. 2), becomes

T H - 293) 1"25

(Lp)0.25
QS = 0.29 A S

where

A S =

L =
P

T H =

293 =

Surface area exposed to nitrogen gas, ft 2

Flat plate length, ft

Hot junction (surface) temperature, °F

Temperature of nitrogen gas, ° F

(B. 2)

(B. 3)

(B. 4)
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Converting Eq. (B. 4) to metric units, (Qs watts) is given by

QS = 4.50 × 10-4 A S
T H _ 418)1.25

(Lp)0.25

2
where A S is in cm , Lp incm, and T H in °K.

(B.5)

B. 2.2. Sizing the Thermoelectric Unit

The relation for thermoelectric pellet length was given by Eq. (3.49) as

L = 3.06 x 10 -5ASTCTH

QH(1 + X)

Imposing the condition that the natural convection heat rate, QS ' of the nitrogen gas
.

must be equal to the heat rejected, QH ' by the thermoelectric heat pump device,

Eqs. (B. 5) and (3.49) may be combined to give

0. 0680 TcTH (Lp_ 0"25
L = (B. 6)

(TH - 418)1"25(1+X)

The relationship between T C , T H and X for ATMA xwas given by Eq. (3.51) as

(TH - TC)MA X =

-3 2
i.333 × i0 T C

1 + 0. 0226 X

It is shown graphically in Figs. 3-15 and 3-16 for two values of T C. Equation (3.51)

can be solved for T H and substituted in Eq. (B.6) to give L = L(Lp, Tc,X). This

relationship is shown graphically in Fig. B-8 for L = 1 inch. It will be noted that
P

XOPT(X for LM_N) is approximately 31 for T C equal to 200 ° F.

B-34

LOCKHEED MISSILES & SPACE COMPANY



M-92-66-1

(uao) "I 'q:_uo'1%oIIOcI OT.X%ooIOOtUIOt_

0
o_...4

.¢..a
0

0

(_

0
¢=a

0

4..=)

)==._

)===_

0

0

.ca

)=.==¢

0
.)==4

4=a

CO_

o<

oO
I

B-35

LOCKHEED MISSILES & SPACE COMPANY



M-92-66-1

As related in Section 3.7, Xop T is not a function of plate length, thus an optimum

ratio of insulation area to thermoelectric pellet area may be found based only on the

upper temperature limit of the area to be isolated.

Using the value of X determined above and the corresponding value of T H from

Fig. 3-16, the minimum thermoelectric pellet length, LM[N, may be derived from

Eq. (B. 6)as a function of plate length, Lp, only. Thus, for T C = 200°F,

(LMIN)T C = 200 ° F = 2.54 (Lp) 0. 25

Equation (B. 7) is shown graphically in Fig. B-9.

B. 2.3. Application to Vidicon Tube Face

(B. 7)

We are now ready to consider the problem of thermally isolating a small area using

a removable thermoelectric cooling device. A vidicon tube is assumed to be enclosed

in a fluid circulation cooling shield with the exception of its face. A thermoelectric

device for isolating the face will be designed utilizing the method presented in the

foregoing section. Typical material parameters given in Appendix A have been used

in this example.

Thermoelectric Unit Design. Assume a square thermoelectric unit with the following

dimensions:

Length per side = L = 2 in. = 5.08 cm
P

Surface area = A s = 4 in. 2 = 25.8 cm 2

The vidicon tube upper temperature limit is 212 °F, therefore let T c = 200°F = 366°K.

From Fig.

From Fig.

B-8 for T C = 200°F; Xop T = 31

3-16at X = 31; (TH)oP T = 471°K, (ATMAx)OP T
= 105 ° K.
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From Fig. B-9 at Lp = 5.08 cm; LMI N = 3.82 cm = 1.50 in
2

Since X = 31 and A S = 25.8cm ;

2
Thermoelectric material cross-sectional area = 0. 806 cm

2
Insulation cross-sectional area = 25.0 cm

For A S = 25.8 cm 2 X = 31 and choosing n = 2 couples;, then from EQ. (3.46)

A s = 2nA(I+X):

Cross-sectional area per pellet = A = 0.2016 em 2

From Eq. (A. 32) ;

From Eq. (A.27) ;

From Eq. (A. 28) ;

From Eq. (A. 29) ;

From Eq. (A. 30) .
and (3.43) '

From F.q. (B.4) ;

Iop T = 3.38 amperes

V = 0. 330 volts

PIN -- QIN = 1.114 watts

Qc = 0

QH = QH -- 1.114 watts

QS = 1. 114 watts
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